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The  High  Chamber  Pressure  Rocketry  Program,  Contact  AP  04(6ll)-8l91,  was 
performed  by  Aerojet-General  Corporation,  Sacramento,  California.  Program  structure 
number  is  T50G;  AFSC  project  number  is  3058.  The  work  covered  the  period  1  May  I962 
through  15  June  1965* 

The  program  was  conducted  by  the  Advanced  Storable  Engine  Division  of  the 
Liquid  Rocket  Operations.  The  program  manager  was  Mr.  R.  Beichel.  Technical 
managerial  control  was  provided  by  Mr.  R.  A.  Hankins,  Project  Manager.  The  Project 
Engineer  was  Mr.  H.  B.  Scamoon. 

The  Air  Force  Project  Officer  for  this  contract  was  Mr.  R.  R.  Weiss,  Rocket 
Propulsion  Laboratory,  Edwards,  California. 

This  report  contains  no  classified  information  extracted  from  other  classified 
documents  except  for  that  taken  from  monthly  and  quarterly  reports  previously  published 
'or  this  contract. 

rne  report  number  assigned  to  this  document  by  the  Aerojet-General  Corporation 
is  8191-F. 

This  report  has  been  published  in  two  books.  Book  One  contains  Sections  1 
through  VII  end  Lock  Two  contains  Sections  VIII  through  XII. 

This  technical  report  has  been  reviewed  and  is  approved. 


Book  One 


ABSTRACT 


The  objective  of  this  program  vns  to  investigate,  by  both  experimental  testing 
and  supporting  analytical  studies,  the  feasibility  and  degree  of  advantage  of  high 
chamber  pressure  rocket  engines  using  nitrogen  tetroxide/50^6  UDMH— 50^  N2Hi^  propellants. 
Both  uncooled  and  cooled  thrust  chambers  vere  test-fired  at  the  3000-psia  pressure 
level;  supporting  studies  included  a  study  of  the  gas-side  heat  transfer  coefficient, 
a  propellants  investigation  vhich  included  some  advanced  propellant  combinations,  and 
system  studies  to  determine  the  degree  of  euivantage  of  high  chamber  pressure.  Two 
injector  concepts  were  developed  using  \incooled  chambers,  one  of  which  attained  a 
performance  level  of  9Tlt  c*.  Cooling  systems  investigated  during  cooled  chamber 
t  sting  included  regenerative  cooling  with  both  oxidizer  and  fuel,  film  cooling  with 
oxidizer,  thermal  barrier  coatings,  and  vortex  cooling.  Based  on  the  test  results 
and  supporting  studies,  it  is  concluded  that  operation  of  engines  at  high  chamber 
pressure  is  feasible,  and  that  the  optimum  chamber  pressure  is  in  the  range  of  2500 
to  3500  psia.  The  best  potential  cooling  system  for  future  advanced  high-pressure 
engines  is  regenerative  cooling  using  N20i^  in  canbination  with  a  thermal  barrier 
coating  and  film  cooling. 
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I.  THTRODUCTICW 

This  is  the  final  report  submitted  in  fulfillment  of  Contract  AF  04(6ll)-8l91, 
"High  Chamber  Press\ire  Rocketry  Program."  The  period  covered  by  this  report  is 
from  1  May  I962  through  I5  June  I965,  which  was  the  technical  effort  period  of 
performance.  Eleven  quarterly  progress  reports  were  submitted  during  the  course  of 
the  program,  which  provided  a  summsoy  of  accomplishments,  discussed  problem  areas, 
and  presented  planned  programs  for  the  periods  covered. 

The  objective  of  the  program  was  to  provide  the  study,  analysis,  design,  and 
combustion  research  required  to  establish  the  feasibility  and  degree  of  advantage 
of  high  chamber  pressure  rocket  engines  using  nitrogen  tetroxide/505&  UDMH — 
(NgOj^/AeroZINE  50)  propellants.  It  was  also  the  purpose  of  the  program  to  determine 
a  reasonable  upper  limit  to  high  chamber  pressure  rocketry,  above  which  development 
effort,  production  costs,  and  increasing  propulsion  package  weight  negate  additional 
performance  gains. 

The  results  of  the  program  are  summarized  in  Section  II.  The  final  work 
statement  to  which  the  program  was  performed  is  presented  in  Section  III.  Complete 
technical  discussions  covering  all  aspects  of  the  program  are  reported  in  Sections 
rv  through  XII. 
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A.  INTRODUCTION 

The  program  technical  effort  consisted  of  five  main  tasks:  Propellants 
Investigation,  Gas-Side  Heat  Transfer  Study,  Uncooled  Chamber  Program,  Cooled  Chamber 
Program,  and  System  Studies.  Results  of  the  overall  program  are  discussed  in  Section 
II,B;  program  accomplishments  for  each  of  the  major  tasks  are  summarized  in  Sections 
II, C  through  II ,G.  The  master  program  schedule,  which  shows  the  time  period  during 
which  each  phase  of  the  effort  was  performed,  is  shown  in  Figure  II-A-1.  The 
occurrence  of  each  test  is  also  noted  on  this  schedule.  A  cumulative  summary  of  the 
test  results  for  all  thrust  chamber  testing  performed  in  this  program  is  given  in 
Figure  II -A -2. 

B.  OVERALL  PROGRAM  RESULTS 

The  feasibility  of  high  cheuuber  pressure  rocket  engines  using  nitrogen 
tetroxide/505t  UEMH — 505^  ^2^4  demonstrated  in  this  program.  Both  uncooled  and 
cooled  thrust  chambers,  operating  at  chamber  pressures  in  the  range  of  3000  psia, 
were  evaluated  during  the  test  program  which  encompassed  48  tests.  The  propellants 
were  supplied  to  the  thrust  chamber  by  high-pressure  centrifagal  turbopumps  that 
had  lightweight  rotating  components. 

Based  upon  the  test  results,  together  with  the  results  of  analytical 
investigations  performed  as  a  part  of  this  program,  the  following  conclusions  are 
made. 

*  1.  Operation  of  engines  at  high  chamber  pressure  is  feasible.  In 

this  program,  stable  injector  performance  of  97^  of  c*  at  3000  psia  was  achieved; 
all  portions  of  a  cooled  combustion  chamber,  including  the  chamber,  throat,  and 
expansion  nozzle  sections,  were  operated  successfully  under  thermal  steady-state 
conditions . 


A 

Page  II -1 

CONFIDENTIAL 


CINFIDENTML 

Fook  One 


II,  B,  Overall  Program  Results  (cont.) 

2.  The  best  potential  cooling  system  for  future  ad-yanced  high-pressure 
engines  Is  regenerative  cooling  using  NpOu  in  combination  with  a  thermal  barrier 
coating  and  film  cooling.  Results  from  this  program,  together  with  data  from  several 
other  progreims  conducted  by  Aerojet -General  as  well  as  by  other  contractors,  form  the 
basis  for  this  selection.  Recent  investigations  conducted  under  Contract  AF  04(6ll)- 
10830,  "Advanced  Rocket  Engine,  Storable,"  indicate  that  transpiration  cooling  with 
NgOi^  also  potentially  offers  a  practical  high  performance  cooling  system  design. 

3.  The  staged-combustion  engine  cycle,  in  combination  with  high  chamber 
pressTire,  offers  significant  payload  increases  over  conventional  systems.  For  single- 
stage  vehicles,  a  potential  payload  increase  of  75^^  is  possible.  Analytical  studies 
indicated  optimum  chAmber  pressure  is  approximately  3500  psia.  However,  differences 

in  payload  between  2500  and  4500  psig  are  very  small  (less  than  l/2fj)>  practical 
considerations  dictate  the  best  chamber  pressure  to  be  near  the  low  end  of  this  range. 
High  chamber  pressure  ih  combination  with  the  gas  generator  cycle  offers  a  maxiraura 
payload  improvement  of  505^  (single-stage  vehicle).  Optimum  chamber  pressure  with 
this  system  is.  2000  psia.  For  either  staged-combustion  or  gas  generator  cycle  engines, 
operating  at  any  pressure,  the  choice  of  thrust  chamber  nozzle- -DeLaval  or  forced- 
deflection — will  depend  on  the  specific  vehicle  and  application.  No  one  nozzle  type 
showed  clear  performance  gains  over  the  other. 

4.  Large  payload  gains  are  potentially  achievable  by  the  use  of 
advanced  propellants  in  combination  with  high  cheimber  pressure  and  the  staged- 
combustion  engine  cycle.  Recommended  propellant  systems  for  development  in  the 
near  future  are  NgO^^/Alumizine  and  98^  H^Og/A-lumizine.  For  the  systems  stodied, 
the  highest  payload  gains  were  with  98^  H^Og/beryllium  hydride.  However,  this 
fuel  is  still  in  the  phase  of  basic  research  development. 
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II,  Program  Summai’y  (cont.) 

C.  fROEEaiLABTS  INVESHOATICW 

The  Propellants  Investigation  was  conducted  during  the  period  from 
May  1962  through  January  I963.  Its  goals  were  to  establish  the  theoretical  perform¬ 
ance  and  heat-transfer  design  criteria  as  well  as  to  define  the  problem  areas  likely 
to  result  from  the  use  of  N20|^/AeroZIHE  50  and  selected  additive  propellant  combina¬ 
tions  in  high-pressure  rocket  engines.  The  selected  additive  propellants  were 
N20i^/N2Hj^  +  Al,  +  AlH^,  +  Be,  +  Bel  98^6  +  Al, 

HgCg/N^Hj^  +  AlH^,  98^6  +  Be,  and  98<]t  H202./N2Hj^  +  BeH^. 

Extensive  theoretical  performance  calculations  and  the  extension  of 
significant  propellant  physical  properties  utilizing  estimation  techniques  were  made 
to  provide  •.;he  basic  data  required  for  more  detailed  heat-transfer  analyses  and  system 
studies.  Taese  data  were  compiled  into  a  special  report  issued  under  this  contract.'* 
This  report  constitutes  the  contractural  commitment  for  the  reporting  of  this  effort, 
and  as  suth,  becomes  a  part  of  this  final  report.  On  the  basis  of  a  l-fterature  and 
experience  re'view  and  the  performance  and  properties  calculations,  the  more  desirable 
propellants  were  selected  for  the  study  of  likely  problem  areas.  After  identifying 
the  more  significant  problem  areas,  research  and  development  programs  were  recommended 
which  would  overcome  the  problems  and  lead  to  the  successful  development  of  the  better 
metalized  propellants. 

D.  GAS -SIDE  HEAT-'TRANSFER  STUDY 

A  detailed  study  of  the  gas-side  heat  transfer  coefficient  was  performed 
with  the  high-pressiire  thrust  chamber  design  used  in  this  program.  The  objectives 
of  this  s-tudy  were  three-fold; 


Aerojet-General  Report  LRP  302,  1  March  I963  (conf).  Performance  and  Properties 
of  NpOk  AeroZlHE  ^0  and  Selected  Metalized  Storables  (u). 


Page  II -3 


CONFIDENTIAL 


NNFIKIITML 

Book  One 

II,  D,  Gas-Side  Heat-Transfer  Study  (cont.) 

1.  To  evaluate  existing  anaJycical  methods  of  determining  gas-side 
heat-transfer  coefficients  for  application  to  high-pressure  engines. 

2.  To  investigate  specialized  techniques  for  experimental  measurement 
of  gas-side  heat-transfer  coefficients. 

3.  Using  instrumentation  based  on  the  results  of  2.,  above,  obtain 
experimental  measurements  of  the  gas-side  heat-transfer  coefficients  and  compare 
them  with  the  analytical  predictions. 

In  the  einalytical  studies,  gas-side  heat-transfer  coefficients  were 

determined  by  three  analytical  methods:  the  Bartz  short  form;  twice-Bartz  short  form 

diminishing  linearly;  the  Mayer's  approximaxlcn.  In  the  cylindrical  section  of  the 

combustion  chamber,  the  Bartz  short  form  yields  the  lower  heat -transfer  coefficient 

values,  whereas  in  the  convergent  and  divergent  section  of  the  nozzle,  Mayer's 

approximation  yields  the  lowest  values.  The  twice-Bartz  short  form  diminishing 

linearly  is  the  most  conservative  of  the  three  analytical  methods,  and  was  the  method 

selected  for  determining  the  heat -transfer  characteristl''s  in  the  various  cooling 

studies  conducted  in  this  program.  Using  ♦his  method,  the  resulting  gas-side  heat- 

transfer  coefficients  in  the  chamber  and  throat  section  of  a  50,CCW-lb-thrust 

o 

3000-psia  thrust  r  were  calculated  to  be  0,0l£  and  0.026  Btu/sec-in.  -*F, 

respectively. 

Prior  to  conducting  the  test  Tiri'-. ur.  irvestlgation  of  available 
instrumentation  revealed  that  no  present  nt.a'.r  ,t’-lhe-art  heat  flux  calorimeters 
could  withstand  the  environment  of  high  char'  r  pressure  thnast  chambers.  Gas-side 
coefficients  can  be  calculated  from  the  transient  temperature  characteristics  of 
the  chamber  wall  using  the  "Schmidt  Plot"  analysis,  in  was  decided  to  attempt  to 
obtain  the  experimental  data  by  measuring  the  temperature  at  various  points  in  the 
chamber  wall  using  special  fast-response  high-temperature  thermocouples.  The  thermo¬ 
couples  were  imbedded  into  p-"  *nhite  of  known  thermal  conductivity  at  measured 
distances  from  the  gas-side  wall. 
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II,  D,  Gas-Side  Heat-Transfer  Study  (conn.) 

Measxirements  were  first  attempted  In  uncooled  chambers  having  graphite 
liners.  However,  failure  of  the  liners  precluded  the  obtaining  of  any  heat  flux 
meas\irements .  The  choice  cheunber  liners  was  subsequently  changed  to  ablative  material 
thermocouples  were  then  Imbedded  into  graphite  plugs  which  were  installed  into  the 
chamber  wall.  Two  thrust  chamber  firings  were  conducted  in  which  data  were  recorded. 
The  tenqperatxrre  measurements  recorded  by  the  thermocouple  located  in  the  cylindrical 
portion  of  the  chamber  corresponded  to  the  twice-Bartz  correlation  prediction.  Other 
data  indicated  that  the  coefficients  were  five  to  ten  times  lower  than  the  analytical 

values,  which  must  be  considered  invalid.  It  was  concluded  that  the  ablation  gases 

\ 

issuing  from  the  chamber  liner  were  responsible  for  the  invalid  data.  It  was  hoped 
that  the  graphite  plug  would  provide  enough  isolation  of  the  thermocouple  from  the 
liner  so  that  true  uncooled  conditions  would  be  recorded;  unfortunately  this  was  not 
the  case.  No  further  attempts  were  made  to  determine  the  gas-side  coefficient. 

E.  UNCOOIED  THRUST  CHAMBER  PROGRAM 

The  broad  objective  of  the  Uncooled  Thrust  Chamber  Program  was  to 
investigate  the  performance,  heat  transfer,  and  general  operating  characteristics 
of  NgOj^/AeroZIHE  50  at  a  combustion  chamber  pressure  of  approximately  3000  psia. 

The  information  and  data  gained  from  this  effort  was  then  to  be  used  as  a  reference 
for  the  evaluation  of  high-pressure  operation  with  cooled  thrust  chamber  hardware. 

To  meet  this  objective,  a  program  was  formulated  and  conducted  which 
included  the  following  elements; 

1.  Design  and  development  of  an  uncooled  thrust  chamber  capable  of 
operating  for  short  durations  (up  to  5  sec)  in  the  environment  produced  by  extremely 
high  chamber  pressure  (3OOO  to  5OOO  psia). 
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II,  E,  Uncooled  Thrust  Chamber  Program  (cont.) 

2.  Design  of  several  injector  concepts  for  high-pressure  operation  and 
test  evaluation  of  the  most  promising  concepts  to  determine  their  performance,  com¬ 
bustion  characteristics,  and  overall  design  adequacy. 

3.  Using  the  results  of  the  analytical  investigations  performed  in  the 
Gas-Side  Heat  Transfer  Studies,  experimentally  determine  the  gas-side  heat-transfer 
coefficients  in  the  combustion  chamber. 

Based  upon  the  above  criteria,  the  Unocoled  Chamber  Program  was  conducted. 
The  program  is  summarized  in  Figure  II-E-1.  Twenty  tests  wtid  performed,  of  which  15 
reached  steady-state  conditions  to  produce  valid  data.  This  testing  demonstrated  the 
fesisibllity  of  obtaining  high  performance,  stable  combustion  at  chamber  pressures  in 
the  range  of  3000  psla.  (One  injector  tested  demonstrated  97^  of  c*  at  3050  psia  with 
peak-to-peak  cheimber  pressure  oscillations  below  2$  of  the  nominal  pressure.)  In 
addition,  a  vast  amount  of  design  information  was  derived  which,  properly  utilized, 
can  be  of  great  benefit  to  the  design  of  future  high-pressure  engines.  A  brief 
summary  describing  the  type  of  specific  design  information  derived  for  the  uncooled 
chamber  components  follows: 

1.  Injectors 

a.  Performance  and  combustion  characteristics  were  determined  for 
three  injectors,  including  concentric-ring,  vortex,  and  a  swirl  transpiration  face- 
cooled  concept. 


b.  Means  of  preventing  injector  element  and  face  erosion  for 
large -element -type  injectors  were  eval^uated,  with  a  solution  obtained  and  specific 
design  recommendations  formulated. 
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II,  E,  Uncooled  Thrust  Chamber  Progreua  (cont.) 

2 .  Chamber  Construction 


a.  The  relative  adeq.’  cy  of  several  liner  materials  for  use  in 
various  parts  of  high-pressure  chambers,  including  the  chamber,  throat,  and  exit 
sections  were  determined.  Design  and  erosion  data  for  those  materials  which  can 
successfully  withstand  the  environment  were  obtained. 

b.  A  Step-Joint,  designed  to  prevent  corabuEtion  gas  leakage 
between  the  chamber  or  injector  and  the  liner  material  was  developed. 

c.  The  use  of  the  "Conoseal, ''  a  metal  belleville  was'  ir-type  seal, 
was  determined  very  satisfactory  for  use  with  high-pressure  heavyweight  .ardware.  The 
HlPc  chamber,  which  has  sealing  diameters  up  to  1^  in.,  never  experienced  i  combustion 
gas  leak  throughout  the  entire  program. 

The  design  and  development  of  the  uncooled  cham’  han  aware  components 
are  discussed  in  detail  in  Section  VI,  below.  Uvicooled  •  .usi  chamber  perf'irmance 
is  discussed  Jointly  with  cooled  thrust  chamber  perfr  Anci,-.  In  Section  VIII.  The 
combustion  stability  characteristics  of  both  uncor,-a  and  cooled  chambers  are 
Jointly  discussed  in  Section  IX.  The  experlir  I'al  measurement  of  the  gas-side  heat- 
transfer  coefficients  is  discussed  as  a  poid  ’  of  the  Gas-Side  Hea*  Transfer  Studies, 
Section  V. 
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F.  COOLED  THRUST  CHAMBER  PROGRAM 

The  overall  objective  of  the  Cooled  Thrust  Chamber  Program  was  to 
establish  and  evaluate  suitable  methods  for  coding  the  chamber  and  the  nozzle 
uaing  NgOi^/AeroZINE  50  propellants  at  a  chamber  pressure  of  approximately  3000 
psia.  The  basic  approach  established  was  to  use  segmented  thrust  chambers 
incorporating  replaceable  cooled  sections  in  the  chamber,  throat,  and  expansion 
portions  of  the  nozzle.  This  enabled  the  investigation  of  each  cooling  technique 
by  itself  in  conjunction  with  tmcooled  chamber  segments,  as  well  as  in  ccmibinatlon 
with  other  cooling  techniques  during  the  same  test. 

A  design  and  analytical  investigation  was  first  conducted  in  which 
prospective  cooling  concepts  were  analyzed  for  application  to  high-pressure  engines. 

As  a  result  of  this  investigation,  the  following  concepts  were  selected  for  experimental 
evaluation  in  thrust  chamber  hardware:  regenerative  cooling,  film  cooling,  thermal 
barrier  coatings,  vortex  cooling,  and  ablative  cooling.  Other  cooling  techniques 
considered  but  not  selected  for  testing  in  this  program  included  transpiration 
cooling,  hot-gas  cooling,  and  high-temperature  resistant  materials. 

Segmented  thrust  chambers  employing  the  selected  cooling  methods  were 
designed,  fabricated,  and  evaluated  in  the  test  program.  Included  were  the 
following  components: 

1.  Drilled  chamber  L*-  segment  (regeneratively  cooled  with  AeroZINE 
50  in  combination  with  a  thermal  barrier  coating  and  film  cooling) . 

2.  Vortex  chamber  L*  segment  (vortex  cooling). 

3.  Convergent  nozzle  and  throat  segment  (film  cooled  by  N20j^) . 

4.  Sea-level  expansion  nozzle  (regeneratively  cooled  with  N20j^). 

5.  Expansion  nozzle  skirt  (ai-'^ative  cooled) 
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II,  F,  Cooled  Thrust  Chamber  Program  (cont.) 


A  total  of  28  tests  were  conducted  in  the  Cooled  Chainber  Program,  of 
which  18  produced  valid  steady-state  data.  The  program  is  summarized  in  Figure 
II-F-1.  A  brief  sunanary  of  the  test  results  for  each  component  is  given  in  the 
following  paragraphs. 

1.  Drilled  L*  Segment 

The  drilled  L*  segment  was  regeneratively  cooled  with  AeroZIME  50, 
supplemented  by  a  small  amount  of  oxidizer  film  cooling.  A  thermal  barrier  coating 
covering  the  inside  chaoiber  wall  was  also  used  in  two  of  the  three  valid  tests 
performed  with  this  imit.  Satisfactory  operation  eind  adequate  cooling  were  demon¬ 
strated  in  all  tests.  Test  durations  were  up  to  2-sec  pressure  steady-state, 
sufficiently  long  to  achieve  thermal  steady-state  conditions. 

2.  Vortex  Chamber  L*  Segment 


In  this  application  of  the  vortex  cooling  concept,  all  propellants 
are  tangentially  injected  directly  onto  the  combustion  chamber  wall.  In  the  injection 
area,  the  wall  is  film  cooled  by  the  fuel  and  oxidizer  propellants.  Below  this, 
additional  cooling  is  provided  by  the  resulting  vortexing  gas  flow,  which  keeps  the 
cooler  gases  (which  eure  heavier)  on  the  chamber  wall  by  centrifugal  force.  Once 
combustion  is  complete,  no  further  cooling  is  provided.  Two  tests  were  conducted  with 
the  vortex  L*  segment,  of  which  one  reached  steady-state  chamber  pressure.  Unfortunately, 
an  interchannel  propellant  leak  and  resulting  fire  developed  in  the  propellant  manifold 
during  the  one  valid  test,  which  locally  damaged  the  unit  beyond  repair.  The  post¬ 
fire  condition  of  that  portion  of  the  chamber  wall  not  in  the  area  of  the  interchannel 
leak  was  in  excellent  condition,  which  proved  that  the  chamber  was  being  adequately 
cooled;  however,  no  quantitative  heat- transfer  data  were  obtained. 
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II,  F,  Cooled  Thrust  Chamber  Program  (cont.) 

3.  Convergent  Nozzle  and  Throat  Segment 

Ibis  chamher  segment  was  entirely  film-cooled  with  oxidizer. 
Fourteen  valid  tests  were  performed,  during  which  film  coolcmt  was  reduced  in  steps 
xintil  humout  occurred.  The  data  produced  by  these  tests  was  used  to  develop 
mathematical  models  relating  the  effects  of  film  cooling  on  performance  and  heat 
transfer  for  high  chamber  pressure  engines.  These  models  are  now  being  used  in 
the  Advanced  Storable  Engine  Program,  Contract  AF  04(6ll)-10830,  currently  underway 
at  Aerojet. 


4.  Sea-Level  Expansion  Nozzle 

The  expansion  nozzle  is  a  tube  bundle  regeneratively  cooled  by 
oxidizer;  the  nozzle  extends  to  an  area  ratio  of  21:1.  It  was  tested  in  conjunction 
with  the  convergent  nozzle  and  throat  segment  during  seven  valid  tests.  These  tests 
demonstrated  cooling  of  the  eiqiansion  nozzle  portion  of  a  high-pressure  chamber  with 
supercritical  N2®4* 

5.  Expansion  Nozzle  Skirt 


‘  The  expansion  nozzle  skirt,  constructed  of  ablative  material,  extended 
from  an  area  ratio  of  21:1  to  an  area  ratio  of  70:1.  It  was  used  in  conjxinction  with 
the  cooled  throat  emd  sea- level  expansion  nozzle  in  one  short-duration  test.  The 
test  objective  was  to  obtain  performance  data  with  a  high  area  ratio  nozzle;  the  test 
duration  was  not  long  enough  to  provide  ablative  cooling  data. 

The  design  and  development  of  the  cooled  chamber  hardware  components 
are  discussed  in  detail  in  Section  VII.  Cooled  thrust  chamber  performance  is  discussed 
in  Section  VIII. 
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II,  F,  Cooled  Thrust  Chamber  Program  (cont.) 

From  the  test  results  obtained  in  this  program,  together  with 
recent  data  frcmi  several  other  programs  conducted  by  Aerojet-General  as  well  as 
by  other  contractors,  it  is  concluded  that  oxidizer  regenerative  cooling  used  in 
combination  with  film  cooling  and  a  thermal  barrier  coating,  offers  one  cooling 
system  with  potentially  high  performance  for  high-pressure  engines.  Recent  studies 
conducted  under  contract  AF  04(6ll)-10830  indicate  that  transpiration  cooling  using 
NgOj^  may  provide  another  very  efficient  system.  Recent  data  for  supercritical  N2®4 
together  with  new  fabrication  concepts  for  transpiration-cooled  chambers  are  respon 
sible  for  this  renewed  Interest  in  transpiration  cooling.  As  to  vortex  cooling, 
insufficient  data  was  obtained  in  this  program  to  allow  any  firm  conclusions  to 
be  made;  however,  no  negative  results  were  obtained  as  to  its  cooling  capability 
with  the  limited  testing  performed. 
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II,  Program  Simmary  (cont.) 

G.  SYSTEM  STUDIES 

The  System  Studies  had  as  its  objective  the  determination  of  the 
practical  upper  limit  of  chamber  pressure  and  the  selection  of  the  best  nozzle 
area  ratio  and  propelleint  mixture  ratio.  These  parameters  were  to  be  selected 
upon  the  basis  of  vehicle  performance,  cost,  and  weight.  The  study  included 
coIIlp^lrlsons  of  both  altitude-compensating  and  DeLaval  nozzles,  as  well  as  the 
gas  generator  and  staged-combuStion  engine  cycles.  The  propellants  used  in  the 
basic  investigation  were  NgOj^/Ae^oZIKE  50.  The  results  were  then  extended  to 
include  selected  metalized  propellant  systems. 

The  system  studies  were  conducted  in  two  parts;  the  Preliminary 
System  Studies  and  the  Final  System  Studies.  The  preliminary  studies  were 
performed  early  in  the  program;  at  this  time  the  basic  investigations  were  made, 
including  a  complete  engine  cycle  analysis,  a  vehicle  and  engine  performance 
and  weight  study,  Eind  the  development  of  a  cost  model.  Also  included  was  an 
investigation  to  determine  potential  payload  gains  through  the  use  of  selected 
metalized  propellant  systems.  The  final  studies,  which  had  the  same  objective 
as  the  preliminary  studies,  were  performed  at  the  end  of  the  program,  and  included 
the  results  from  this  and  other  recent  programs.  The  analysis  was  conducted  using 
the  latest  parametric  weight  data  and  theoretical  specific  impulse  data  corrected 
for  known  real  effects.  Two  additional  effects  were  included  as  a  result  of  data 
that  were  available  only  recently;  (l)  a  film-cooling  model  reflecting  the  effect 
of  film  cooling  on  specific  impulse  as  a  function  of  chamber  pressure  and  (2)  non¬ 
ideal  compensation  in  forced-deflection  nozzles.  The  final  studies  were  restricted 
to  NgOjj^/AeroZIWE  50  propellants. 

The  final  results,  presented  in  Figures  XI-F-7  through  -9,  clearly  show 
the  benefit  of  using  high  chamber  pressure  and  staged-combustion  cycle  engines. 
These  curves  are  relatively  flat  between  2500  and  5000  psia,  with  some  variation 
in  optimum  pressure  depending  on  the  stage  application.  Payload  variations  within 
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the  ramge  are  probably  within  the  accuracy  of  the  analysis.  Tnerefore,  selection 

of  chamber  pressure  within  this  range  should  be  Influenced  by  other  practical  factors 

not  included  in  this  analysis.  Use  of  existing  facilities  and  experience  would 

dictate  selection  of  a  chaoLber  pressure  of  3000  psia  or  below.  Similar  conclusions 

were  reached  in  the  Preliminary  Systems  Studies.  However,  unlike  the  results  of 

the  earlier  study,  the  altitude  con5>ensating  nozzles  show  no  benefit.  This  was 

partially  a  result  of  non-ideal  compensation  effects  not  being  considered  in  the 

Preliminary  Syst,ems  Studies  and  partially  a  result  of  the  choice  of  20  modules  for 
/ 

the  engine  system  studied.  This  required  use  of  a  large  base-area,  which  results 
in  higher  performance  losses  attributable  to  the  nozzles.  Use  of  ei^t  modules  might 
still  show  significant  benefit  for  the  forced-deflection  nozzle.  Therefore,  the 
conclusion  regarding  altitude  compensating  nozzles  is  that  the  best  nozzle  to  use 
will  depend  on  the  specific  application. 

Engine  mixture  ratio  was  optimized  at  the  mixture  ratio  corresponding 
to  maximum  specific  Impulse  for  all  values  of  chamber  pressure.  Optimum  area  ratio 
varied  as  a  function  of  chamber  pressure  (Figure  XI-F-6) . 

\ 

A  detailed  investigation  of  the  effects  of  cost  considerations  on  the 
selection  of  the  optimum  chamber  pressure  showed  that  cost  is  not  a  major  considera¬ 
tion  in  the  selection  of  optimum  chamber  pressure;  the  selection  should  be  based 
upon  performance  advantages. 

Detailed  discussions  of  the  Preliminary  and  Final  System  Studies  are 
given  in  Sections  X  and  XI,  respectively. 
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The  final  work  statement  to  which  this  program  was  performed  is  presented 
below.  It  is  included  in  this  report  to  serve  as  a  concise  summary  of  the  overall 
progrcua  scope  and  the  individual  program  tasks. 

TECHNICAL  REQUIREMENTS 


INTRODUCTION; 

This  applied  research  program  is  for  investigation  into  high  chamber  pressure 
rocketiy  utilizing  storable  propellants.  High  chamber  pressure  rocket  engines  per¬ 
mit  the  use  of  large  expansion  area  ratio  nozzles  at  sea  level,  and  maintain  high 
specific  Inqpulse  at  lift-off  and  altitude  conditions.  As  a  result,  trajectory 
averaged  specific  Impulse  can  be  increased  quite  significantly  over  those  presently 
attainable  at  current  chamber  pressures.  Furthermore,  the  nozzle  throat  size  is 
reduced  to  such  an  extent  that  greatly  increased  nozzle  area  ratios  can  be  realized 
for  a  given  engine  envelope.  The  objective  of  the  program  is  to  provide  the  study, 
analysis,  design  and  combustion  research  required  to  establish  the  feasibility  and 
degree  of  advantage  of  high  chamber  pressure  rocke  '"^gines  using  nitrogen  tetroxide/ 
50^  UDMH  -  ^2^4  is  also  the  purp.se  of  this  program  to  determine 

a  reasonable  upper  limit  to  high  chamber  pressure  rocketi^  above  which  develoianent 
effort,  production  costs,  and  increasing  propulsion  packagt  weight  negate  additioi^l 
performance  gains. 

SCOPE: 


The  N202^/(50^  ^2^4  ”  UDMH)  propellant  combination  shall  be  used  through¬ 
out  except  as  noted  in  Item  I  for  the  below-defined  technical  program.  Maximum  use 
shall  be  made  of  existing  hardware  and  information. 


Page  III-l 

CONflDENTMl 


COHniENTMl 

Book  One 


III,  Program  Work  Statement  (cont.) 

1.  Item  I  -  A  literature  review  shall  be  made  in  the  technical  areas  of 
combustion  and  heat  transfer  at  conditions  encountered  in  thrust  chamber  operating 
at  1,500  -  10,000  psi  with  Ngl^  -  50^  UDMH  propellants.  This  shall  be 

followed  by  analytical  studies  to  define  problem  areas  and  to  determine  theoretlcsil 
combustion  performance  and  heat  transfer  design  criteria  at  chamber  presstire  up  to 
10,000  psi.  Effects  of  additives  to  fuel  and  oxidizer  shall  be  considered  in  the 
performance  and  heat  transfer  analyses. 


I 

a 

0 


u 
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2.  Item  II  -  A  detailed  analytical  study  shall  be  conducted  on  the  gas- 
side  heat  transfer  coefficient.  Existing  empirical  data  shall  be  collected  and 
correlated  with  analytical  predictions  to  establish  a  basis  for  extrapolation  to 
the  high  chamber  pressvires.  Also,  specialized  techniques  for  measurement  of  the 
gas-side  heat  transfer  coefficient  shall  be  evaluatid  for  application  to  this 
program. 


a 

>] 
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3.  Item  III  -,  A  preliminary  determination  of  a  practical  upper  chamber 
pressure  limit,  and  a  mixture  ratio  and  area  ratio  selection  for  a  high-pressure, 
pump-fed  storable  rocket  engine  shall  be  made.  Comparisons  between  advanced  and 
DeLaval' nozzles  and  various  turbine  drive  cycles  shall  be  included.  The  selection 
of  these  parameters  shall  be  based  upon  analyticeO.  weight,  performance  and  cost 
studies,  along  with  preliminary  mission  studies  defined  vinder  Item  VII.  A  com¬ 
parison  of  incremental  performance  increase  versus  the  attendant  increase  in 
propulsion  system  cost,  weight  and  technological  advances  required  in  chamber 
cooling  techniques  and  materials  application  will  be  shown.  Propulsion  costs  shall 
include  facility  costs  specifically  attributable  to  increased  pressure. 


0 

] 
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4.  Item  IV 


a.  Based  upon  the  results  of  Items  I,  II,  and  III,  detailed  designs 
shall  be  prepared  of  cooled  and  \mcooled  tliiust  chamber  assemblies  for  experimental 
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III,  Program  Work  Statement  (cont.) 

test  firings.  The  chanibers  shall  be  designed  so  as  to  achieve  maximum  utilization 
of  the  hardware  and  maximum  versatility  for  investigating  the  ignition,  combustion, 
performance,  cooling  techniques,  materials  and  heat  trsmsfer  chsuracteristics. 

b.  The  thrust  chambers  shall  be  designed  ncxninally  for  a  thrust  of 
50,000  pounds  with  a  combustion  pressure  of  3>000  psia.  The  designs  shall  include 
three  injection  concepts.  The  thrust  chambers  shall  be  of  the  segmented  type 
incorporating  individual  injector,  'hamber,  nozzle,  and  divergent  sections. 

c.  The  design  and  materials  selection  shall  be  based  on  a  careful 
analysis  of  the  heat  trsuisfer,  strength,  and  environmental  requirements.  Supporting 
data  in  terms  of  cost,  flexibility,  and  maximum  usage  shall  be  provided  to  sub¬ 
stantiate  the  design  and  hardware  selection. 

d.  Final  test  hardware  designs  will  be  reviewed  by  the  responsible 
Air  Force  Project  Engineer  before  fabrication  of  any  hardware  except  that  components 
which  may  be  required  regardless  of  the  peculiar  design  selected  will  not  require 
prior  Air  Force  review. 

5.  Item  V  -  Uncooled  Testing 

a.  The  broad  objective  of  this  item  of  work  is  to  investigate  the 

performance,  heat  transfer,  and  general  operating  characteristics  of  nitrogen 
tetroxide  and  UDMH  at  a  combustion  pressure  of  approximately  3000 

psia.  The  test  firings  for  these  investigations  shall  be  of  short  duration  and 
shall  be  made  with  uncooled  thrust  chambers  and  selects' i  j-ujector  types  designed 
to  operate  at  approximately  50,000  pound  thrusc  and  3>000  psia.  Tests  shall  be 
conducted  at  different  values  of  characteristic  length. 

b.  The  thrust  stand  and  nozzles  shall  be  equipped  with  suitable 
instrumentation  for  measuring  the  important  performance  and  heat  transfer  parameters. 
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III,  Program  Work  Statement  (cont.) 

c.  Approximately  l8  tests  shall  be  planned  for  uncooled  chamber 
testing.  Approximately  I3  of  these  tests  shall  be  for  scheduled  objectives;  and 
5  for  contingency  tests.  If  test  data  obtained  during  the  pro^am  dictates  that 
maximum  technical  benefits  can  be  achieved  by  modifying  the  original  testing  plan, 
Including  numbers  and/or  objectives  of  tests,  such  modifications  may  be  accomplished, 
commensurate  with  the  ronaining  contract  funds,  providing  approval  is  obtained  from 
the  Procuring  Contracting  Officer. 

The  major  objectives  to  be  achieved  on  the  uncooled  chamber  tests 

axe  as  follows: 


Evaluate  two  injectors  of  different  design  at  a  chamber  pressure 
of  approximately  3000  psia,  for  performance,  combustion  characteristics,  and  overall 
design  adequacy. 

6.  Item  VI  -  Cooled  Testing 

a.  The  broad  objective  of  this  item  of  work  is  to  evaluate  and 
establish  suitable  methods  for  cooling  the  chamber  euid  the  nozzle  for  a  combustion 
pressure  of  approximately  3OOO  psia.  For  this  purpose,  tests  shall  be  conducted 
utilizing  cooled  thrust  chambers  designed  to  produce  50,000  pound  thrust  (at  3j000 
psia) .  Segmented  thrust  chambers  incorporating  replaceable  cooled  sections  in  the 
chamber  and  throat  portions  of  the  nozzle  will  be  employed  to  enable  the  investi¬ 
gation  of  several  different  cooling  techniques  during  each  run.  Different  cooling 
techniques  to  be  tested  in  the  segmented  chamber  include  a  vortex  chamber  segment, 
regeneratively  cooled  chamber  segment,  film  cooled  convergent  nozzle  and  throat 
segment,  regeneratively  cooled  sea- level  expansion  nozzle  segment,  and  ablative 
skirt  extension.  Tests  shall  be  conducted  at  a  chamber  pressui’e  of  approximately 
3000  psia. 
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III,  Program  Work  Statement  (cont.) 

b.  The  thrust  stand  and  nozzle  shall  be  equipped  with  suitable  instru¬ 
mentation  for  measuring  the  important  performance,  stability  and  heat  transfer 
parameters,  including  film  coolant  flow  rates  and  wall  temperatures. 

c.  Approximately  27  tests  shall  be  planned  for  cooled  chamber  testing. 
Approximately  20  of  these  tests  shall  be  for  scheduled  objectives,  and  7  for  con¬ 
tingency  tests.  If  test  data  obtained  during  the  program  dictates  that  maximum 
technical  benefits  can  be  achieved  by  modifying  the  original  testing  plan,  including 
numbers  and/or  objectives  of  tests,  such  modification  may  be  accomplished,  commen¬ 
surate  with  the  remaining  contract  fund.r,  providing  approval  is  obtained  from  the 
Procuring  Contracting  Officer.  The  major  objectives  to  be  achieved  in  the  cooled 
chamber  program  are  as  follows: 

(1)  Evaluate  each  of  the  cooled  chamber  components  for  cooling 
capability  and  overall  design  adequacy  at  approximately  3000  psia  chamber  pressure. 
These  components  shall  include  the  following;  vortex  chamber  segment,  regeneratively 
cooled  chamber  segment,  film  cooled  convergent  nozzle  and  throat  segment,  and 
regeneratively  cooled  sea-level  expansion  nozzle  segment. 

(2)  Using  the  best  cooled  chamber  components  as  determined  from 
testing  in  Paragraph  6,c,(l)  above,  a  cooled  thrust  chamber  assembly  that  operates 
at  approximately  3000  psia  chamber  pressure  will  be  evaluated.  An  uncooled  L* 
segment  may  be  used  in  this  thrust  chamber  assembly  to  provide  the  L*  required  for 
relative  high  injector  performance  (based  on  uncooled  tests).  The  objective  of 
these  tests  shall  be  to  demonstrate  cooled  thrust  chamber  operation,  establish  the 
minimum  film  coolant  flow  rates  required  to  cool  the  chamber  segments,  and  to  deter¬ 
mine  the  effect  of  the  film  cooling  on  performance,  heat  transfer,  and  combustion 
stability. 
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(3)  Investigate  the  effect  of  a  high  expansion  ratio  skirt  (of 
the  order  of  70: l)  on  thrust  chamber  performance  using  the  cooled  thrust  chamber 
tested  in  Paragraph  6,c,(2)  above,  and  operated  at  the  approximate  same  conditions. 

7.  Item  VII 

a.  Based  upon  analytical  weight  studies  and  results  from  the  thrust 
chamber  test  data,  a  determination  of  a  practical  upper  limit  of  the  thrust  chamber 
pressure  and  a  selection  of  the  best  operating  mixture  ratio  and  area  ratio  at  this 
chamber  pressure  shall  be  made.  A  comparison  of  incremental  performance  increases 
versus  the  attendant  increases  in  propulsion  system  cost,  weight  and  technological 
advances  required  in  chamber  cooling  techniques  and  materials  application  shall  be 
shown.  Included  shall  be  comparisons  between  advanced  and  DeLaval  nozzles  and 
various  turbine  drive  cycles.  This  will  be  accomplished  by  detemining  the  variation 
of  payload  and  cost  with  chamber  pressiore  for  both  one-  and  two-steige  vehicles  for 
300  nautical  mile  orbit  missions.  Propulsion  system  costs  shall  include  facility 
costs  specifically  attributable  to  increased  pressures. 

b.  Single  stage  vehicles  analyzed  shall  utilize  both  the  high  pressure 
propulsion  concept  and  conventional  chamber  pressure  systems.  Two  stage  systems 
shall  utilize  high  pressure  propulsion  in  both  stages,  high  pressure  propulsion  for 
a  boost  stage  with  a  second  stage  of  conventional  chamber  pressures,  and  high 
pressure  propulsion  for  a  second  stage  boosted  by  a  propulsion  system  of  conventional 
chamber  pressures.  The  thrust  level  of  the  first  stage  shall  be  mutually  agreed  upon 
between  the  Contractor  and  the  Procuring  Contracting  Officer. 
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The  propellant  investigation  had  as  its  goals  the  establishment  of  theoreti¬ 
cal  performance  and  heat-transfer  design  criteria,  as  well  as  the  definition  of  the 
problem  areas  likely  to  result  from  the  use  of  N^Oj^/AeroZINE  50  (50^  ^2^4  ^  UDMH) 
and  selected  additive  propellsint  combinations  in  high  chamber  pressure  rocket  engines. 
The  program  conducted  toward  this  end  involved  three  tasks;  (l)  literature  review, 
performance  calculations,  and  physical  property  calculations,  (2)  qualitative  defini¬ 
tion  of  problem  areas,  and  (3)  recommendation  of  programs  required  to  resolve  the 
important  problem  areas.  The  selected  propellant  combinations  containing  additives 
covered  by  this  investigation  included  +  Al,  +  AlH^,  + 

Be,  +  BeH^,  ^  ^  «2°2/“2^4 

and  98^  ^  BeH^.  Although  ^hs  propellant  investigation  was  conducted  only 

during  the  period  from  May  1962  through  January  I963,  much  additional  work  has  been 
conducted  since  that  time  under  various  other  contracts  and  independent  investi¬ 
gations.  Where  the  latter  work  has  contributed  significantly  to  the  propellant 
aspects  covered  by  this  contract  or  invalidated  portions  of  the  information  presented 
in  previous  reports,  the  new  contributions  and  revisions  in  thinking  or  information 
are  summarized  in  this  report. 

On  the  basis  of  the  propellant  investigation,  the  following  conclusions  can 
be  made; 

(1)  Of  the  propellant  systems  studied,  98^  ^2*^2'^^2^4  ^  highest 

performance  potential.  Other  systems,  in  order  of  decreasing  performance,  are  as 
follows:  N^Oj^/N^Hj^  +  BeH^;  98^  H202/N2Hi^  4  Be;  +  Be;  3%  +  AlH^; 

N20i^/N2Hj^  +  AlH^;  <M  N20i^/N2Hi^  +  Al;  N20j^/N2Hj^  +  Al;  N20^^/AeroZINE  50; 

Note  tha,t  98^  ^2*^2  superior  .0  ^20^  for  all  fuel  combinations, 

(2)  Both  N20j^  and  98^  ^'2*^2  developed  propellants  and  have  no 

known  major  problems  to  preclude  their  use  in  rocket  engine  systems. 
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(3)  The  state-of-the-art  of  Almizine  +  Al)  and  Beryllizine  (NgHj^  +  Be) 

is  sufficiently  advanced  to  warrant  increased  effort  in  advanced  technology  programs 
for  rocket  application.  Of  the  two  fuels,  Alumizine  is  the  most  developed.  It  does 
not  present  a  toxic  hazard  as  does  Beryllizine  and  is  less  costly.  However,  it  does 
not  have  as  high  a  performance  potential. 

(^)  Aluminum  hydride  and  beryllium  hydride  fuels,  NpH^  -r  AlH^  and  N^Hi^  +  BeH^, 
are  still  in  the  early  state  of  laboratory  development  at  this  time.  Difficulty  has 
been  experienced  with  both  of  these  propellants  in  obtaining  the  stability  and  chemical 
compatibility  required  of  a  storable,  gelled  propellant.  However,  improvements  are 
currently  being  made  in  this  area.  Also,  maximum  performance  with  these  fuels  requires 
metal  loading  in  the  range  of  6o  to  80^  oy  weight,  which  is  beyond  current  capabilities. 

(5)  The  final  reccmmendations  issuing  frcm  this  study  are  as  follows: 

(a)  A  laboratory  program  should  be  performed  to  define  the  high-pressure 
heat-transfer  characteristics  of  N20j^,  AeroZINE  50,  98^^  ^2^2’  Alumizine. 

(b)  Feasibility  demonstration  programs  should  be  performed  at  high 
pressiares  and  for  extended  durations.  Propellant  combinations  should  include 
N^Oj^/AeroZINE  50,  98^  HgO^/Alumizine,  and  N^Oj^/Alumizine. 

(c)  Propellant  development  of  the  more  advanced  fuels,  aluminum' hydride 
Sind  oeryllium  hydride,  should  be  continued,  and  if  proved  successful  and  practical, 
thei.  applied  to  feasibility  demonstration  programs. 

A.  LITERATURE  AHD  EXPERIENCE  REVIEW 

1.  Nitrogen  Tetroxide  and  AeroZINE  30 


Experience  with  these  propellants  is  very  broad  but,  prior  to  the 
inception  of  this  contract,  was  largely  obtained  by  either  direct  or  indirect 
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contractual  support  of  the  Titan  II  weapon  system  development  program  and,  thus, 
was  somewhat  limited  in  respect  to  pressure.  This  contract  and  the  integrated 
components  program  contracts  (Phase  I,  AF  0i|(6ll)-8017  and  Phase  II,  AF  04(6ll)-85^8) 
have  greatly  extended  experience  with  these  propellants  in  the  high-pressure  region, 
and  development  of  Transtage  and  Apollo  engines  has  since  provided  extensive 
experience  in  the  low-pressure  region.  The  combination  of  all  these  programs  and 
others  has  brought  the  experience  level  of  and  AeroZINE  50  far  beyond  that  of 

any  other  high-performance  storable  propellant  combination. 

Many  documents  sire  available  concerning  the  properties  and  use  of 
these  materials  as  rocket  propellants.  One  of  these  many  documents.  Storable 
Liquid  Propellsints,  Nitrogen  Tetroxide/AeroZINE  50,  Aerojet-General  Corporation, 
Liquid  Rocket  Plant  Report  LRP  198,  Second  Edition,  June  19^2,  provides  a  compre¬ 
hensive  review  particularly  valuable  as  a  reference  for  physicochemical  property 
data  Sind  for  descriptions  of  the  proper  methods  of  storing, handling,  and  using 
these  propellants  in  rocket  engines.  While  the  information  presented  in  this 
reference  is  primarily  oriented  toward  the  Titan  II  system,  the  information  is 
equally  applical  le  in  most  cases  to  the  use  of  and/or  AeroZINE  50  in  high 

chamber  pressure  rocket  engines.  It  was  noted  early,  however,  that  physical- 
property  data  from  all  sources  fail  to  extend  into  the  high-pressure  region  of 
primary  interest  to  this  program.  Thus,  to  fill  this  gap,  specific  gravities, 
viscosities,  thermal  conductivities,  and  heat  capacities  were  calculated  as  a  part 
of  this  program.  Later,  improved  calculation  techniques  and  experimental  laboratory 
work  brought  about  significaint  revisions  in  the  properties.  This  work  is  iis- 

cussed  further  in  Section  IV, C. 

The  problem  areas  that  have  been  encountered  in  utilizing  N2*^4 
and  AeroZINE  50  in  large,  moderately  high-pressure  (900-psia)  rocket  engines 
and  the  methods  employed  in  overcoming  these  problems  to  develop  an  operational 
engine  system  are  described  in  detail  under  Contract  AF  04(647) -521.  Although  a 
review  of  the  particulars  of  that  contract  was  beyond  the  scope  of  the  propellant 
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investigation,  two  significant  problems  were  encountered  which  should  be  recognized. 
These  problems  involved  the  achievement  of  adequate  thrust-chamber  cooling  and 
combustion  stability  within  the  stringent  weight  and  performance  requirements  of 
the  program.  Both  of  these  problems  were  satisfactorily  overcome  through  design 
modifications;  the  details  of  the  modifications  are  given  in  reports  generated 
under  Contract  AF  OU(647)-521. 

2.  Hydrogen  Peroxide 

The  use  of  hydrogen  peroxide  (H^O^)  as  an  oxidizer  for  rocket 

engines  dates  lack  to  the  early  German  efforts  of  World  War  II;  however,  their 

hydrogen  peroxide  was  neither  high  strength  (i.e.,  a  98^6  pure  product  of  interest 

in  this  program)  nor  was  it  applied  tc  high-pressure  engines.  Probably  the 

largest  use  of  and  greatest  experience  with  98%  was  obtained  at  Aerojet-General 

in  connection  with  more  than  100  firings  of  98^  at  a  ncaninal  5000-lb 

2  ti'  5  9 

thrust  level  under  the  AMC  Product  Improvement  Program,  Contract  AF  33 (600) -38470. 
This  work  indicated  that  98^  ^2^2  safely  and  relatively  easily  used  in  a 

rocket  engine.  Although  this  work  did  not  extend  beyond  approximately  900  psia, 
it  did  not  suggest  that  H^Og  would  create  unique  problems  by  reason  of  high-pressure 
usage. 


The  properties  of  H^O^  have  been  given  in  a  comprehensive  product 
bulletin  of  the  Food  Machinery  and  Chemical  Corporation,  Becco  Division.  Again, 
it  was  evident  that  physical  properties  at  high  pressures  were  net  available  and, 
therefore,  by  necessity,  were  calculated  as  a  part  of  this  program. 

The  storability  of  high-strength  H^O^  bus  been  a  subject  of  study 
for  a  number  of  years  by  several  organizations  (e.g.,  Becco,  Shell,  and  M.I.T.). 
These  studies  have  brought  forth  stabilizers  and  equipment  passivation  procedures 
that  have  grossly  improved  the  storability  of  Recent  laboratory  work  at 

Becco  under  Contract  AF  04(6ll)-6342  indicates  that  high-strength  H^O^. 
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can  now  be  stored  with  only  about  one-sixth  as  much  decomposition  and  pressure  rise 
as  was  previously  possible  using  standard  inhibitors  and  passivation  techniques. 

3.  Alumizine  and  Beryllizine 

Alumizine  and  Beryllizine  are  the  names  given  to  thixotropic  gels 
of  aluminum  and  beryllium  powders  in  hydrazine  (N^Ki^),  respectively.  These  metalized 
fuels  had  been  under  development  at  Aerojet-General  for  approximately  four  years  at 
the  time  of  the  propellant  investigation  and  were  essentially  ready  for  engine 
development  work.  At  that  time  the  work  was  continuing  under  Contract  AF  Ck(6k'j)-6^2, 
SA  k.  The  properties  of  Alumizine  and  Beryllizine  had  been  defined  over  a  limited 
temperature  and  pressure  range  and  their  feasibility  as  rocket  engine  fuels  had  been 
partially  demonstrated  with  NgOj^  as  the  oxidizer  at  a  nominal  5000“ lb  thrust  level 
and  at  moderate  chamber  pressures  (about  5OO  psia).  Results  of  the  early  work  had 
been  reported  in  References  1  throu^i  4.  Although  testing  to  that  date  had  been 
limited,  the  work  indicated  that  the  unique  rheological  properties  of  the  gelled 
fuels  may  present  problems  in  injection,  atomization,  and  heat  transfer  (if  the  fuel 
were  to  be  considered  as  a  regenerative  coolant). 

As  previously  mentioned,  the  properties  of  Alumizine  and  Beryllizine 
had  been  defined  only  at  moderate  temperatures  and  pressui’es  from  prior  work  and  the 
then-current  work  under  Contract  AF  Ck{6h7)-6^2,  SA,  ij.  Some  properties  at 


Ref  1  Laboratory  Investigation  of  Advance  Mixed  Oxidizers  and  Metalized  Fuels, 
Aerojet-General  Corporation,  Liquid  Rocket  Plant,  Report  8160-OIQ-67, 

Volume  2,  Contract  AF  33(^00)“38470  (Confidential) 

Ref  2  Development  of  Slurries  as  Next-Generation  Storable  Propellants,  Aerojet- 
General  Corporation,  Liquid  Rocket  Plant,  Proposal  LE6IOOO,  19  ouly  1961 
(Confidential) 

Ref  3  Design  Criteria  for  Advanced  Propellant  Systems.  Aerojet-General  Corporation, 
Liquid  Rocket  Plant,  Proposal  ]B62C67,  18  March  I962  (Confidential) 

Ref  4  Gelled  Metalized  Propellant  Demonstration  Program,  Aerojet-General  Corporation, 
Liquid  Rocket  Plant,  Report  966O-I8,  5  July  I962  (Confidential) 
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elevated  temperatures  and  pressures  were  calculated  -onder  this  contract.  The 
properties  data  calculated  included  specific  gravities  and  heat  capacities  for 
the  thixotropic  gels  consisting  of  62.%  N^H2^  +  37. 5^  Al,  57^  +  43^  Al, 

1%  NgHi^  +  24^  Be,  and  6f%  N^Hj^  +  31^  Be.  Unfortunately,  no  methods  existed  for 
estimating  viscosities  c-  thermal  conductivities  of  Alumizine  or  Beryllizine. 

To  provide  the  necessary  basis  for  estimating  the  specific  gravities  and  heat 
capacities  of  the  metallized  gels  and  to  provide  rough-order-of -magnitude  values 
for  viscosities  and  thermal  conductivities  of  the  matalized  gels,  the  specific 
gravities,  viscosities,  thermal  conductivities,  and  heat  capacities  of  hydrazine 
were  calculated  and  used. 

From  the  work  conducted  to  develop  Alumizine  under  Contract 
AF  04(647)-652,  SA  4  (l  April  1962  to  1  April  1963),  a  number  of  conclusions  were 
reached.  These  conclusions  were  reported  in  Reference  5  and  are  given  in  the 
following  paragraphs. 

The  results  of  work  conducted  with  Alumizine  during  Contract 
AF  o4(647)-652,  SA  4, and  previous  programs  (reported  in  References  1  and  4)  show 
that  Alumizine  formulations  exist  which  meet  the  requirements  for  a  storable  fuel. 
Additionally,  the  quality-control  procedures  and  measuring  devices  have  been 
developed  so  that  uniformity  ceui  be  assured  from  batch  to  batch  and  within  small 
tolerances.  Alumizine  mixing  equipment  and  preparation  procedures  have  been 
scaled  up  to  enable  construction  of  a  mixing  facility  that  will  support  engine 
testing  at  80, 000-lb  thrust.  A  large  mixing  facility  was  constructed  by  a 
facilities  contract  (AF  33(600) -29926)  during  the  following  Contract  AF  04(647)-652, 
SA  4,  efforts. 


Ref  5  Product  Engineering  Final  Report,  Metalized  Thixotropic  Propellants, 
Aerojet-General  Coipior  at  ion.  Liquid  Rocket  Plant,  Report  0^2/ 

Vol  5j  26  June  1963  (Conf identia] ) 
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Engineering  evaluations  conducted  during  Contract  AF  C4(647)-652, 

SA  4,  indicated  that  the  pi'oblems  associated  with  the  application  of  metalized 
non-Newtonian  fluids  to  liquid  rocket  engine  systems  are  not  unsolvable.  For 
example:  (l)  The  flow  of  Aliunizine  can  be  measured  with  a  conventional  flowmeter 
if  sufficient  calibration  data  are  available;  (2)  on  the  basis  of  small-sclae  and 
two-variable  testing,  the  expulsion  efficiency  of  a  hemispherical-bottom  tank 
appears  to  be  approximately  the  same  as  for  that  of  some  current  vehicles;  and 
(3)  Alumizine  appears  to  be  usable  as  a  regenerative  coolant  within  certain  regions 
of  heat  flux;  however,  more  basic  data  are  required  before  the  practicability  can 
be  determined.  Alumizine  flow  has  been  mathematically  described,  and  tentative 
Alumizine  shear  diagrams  have  been  successfully  plotted  with  experimental  data. 

Test  data  from  the  50W-lb  thrust -chamber  assembly  firings  indi¬ 
cate  that  injectors  must  be  designed  specifically  to  efficiently  break  up  Alumizine. 
This  means  that  proper  injector  design  is  one  of  the  major  keys  to  high  performance. 

Some  problems  that  were  encountered  with  the  ball-type  thrust- 
chamber  valves  were  caused  by  the  worn  condition  of  the  internal  parts.  These 
valves  and  actuators  were  extensively  used  on  previous  programs.  Before  this 
program,  all  nonmetallic  seats  and  seals  were  replaced,  but  wear  of  the  metallic 
bearing  and  sealing  surfaces  resulted  in  clearances  greater  than  those  specified. 
Leakage,  nonrepetitive  operating  characteristics,  and  mechanical  failures  sometimes 
resulted  in  fuel  leads  into  the  thrust  chanljer  and  premature  test  terminations. 

Low-frequency  chamber  pressure  oscillations  were  experienced 
during  testing,  indicating  a  phenomenon  related  to  a  fluctuating  feed  system. 
Problems  of  this  type  are  usually  atliibutable  to  some  orifice  or  pressure  relation¬ 
ship  phenomenon,  and  can  ordinarily  ue  eliminated  by  using  the  classic  higher- 
pressure-drop  injector. 
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Pressure  pulses  (spikes^  were  noted  during  testing,  and  appeared 
likely  to  be  closely  coupled  to  the  injection  process.  Several  100-lb-thrust 
firings  v;ere  performed  during  a  company-sponsored  program  (Reference  4)  which 
support  this  apparent  relationship.  The  propellants  were  and  Alumizine-33 
(33^6  aluminum).  First  firings  with  the  foui-oa-one  injector  resulted  in  the  same 
type  of  pressure  spikes  that  occurred  during  the  oOOO-ib-thmst  firings.  The 
firings  with  a  swirler  to  break  up  the  Alumizine  were  very  smooth  and  pressure- 
pulse-free.  This  is  further  evidence  that  a  high  degree  of  Alumizine  breakup  is 
mandatory. 


TTie  specific-impulse  data  from  test  firings  with  Alumizine  con¬ 
taining  25^  aluminum  were  lower  on  the  average  than  those  obtained  with  Alumizine 
containing  33^6  aluminum  as  theoretically  predicted.  Theoretical  analysis  conducted 
to  determine  the  performance  losses  atvrifcutah  ..e  tc  two-phase  flow  indicates  that 
the  difference  between  the  two  Alumizine  fu/o  j'L0.ti' ns  is  insignificant. 

The  preparations  required  to  test  at  80,000-lb  thrust  were  accom¬ 
plished.  The  majority  of  components  necessary  to  convert  a  Titan  II  second-stage 
workhorse  thrust-chamber  assembly  for  use  with  Alumizine  were  fabricated. 

A  preliminary  design  atialysLo  showed  that  an  elongated  Titan  II 
missile  using  N^Oj^/Alumizine  (containing  4'?'^  aluminum)  could  deliver  twice  the 
present  payload  over  the  current  maximum  range.  Other  analyses  disclosed  that 
further  component  and  subsystem  incertigations  are  warranted;  but  there  are  no 
problems  which  are  considered  to  be  jnsurraountatj.£.  A  two-phase  program  was 
recommended  for  development  of  an  Alumizine  engine.  A  predevelopment  program 
should  be  conducted  first  to  provide  data  and  solutions  to  potential  problem  areas 
prior  to  full-scale  development. 
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Following  the  work  of  Contract  Ai'  04(647) -652,  SA  4,  the  improved 
Titan  II  Predevelopraent  Program  Contract  Ai  04(694)-2i2  was  conducted.  The  latter 
program  brought  Alumizine  development,  engine  component  demonstration,  and  bread¬ 
board  engine  demons tratior.  to  the  poin^  that  a  full  engine-development  program  could 
be  undertaken  with  N^Oj^  as  the  oxidizer.  The  major  accomplishments  and  conclusions 
reached  from  that  program  are  given  below;  details  are  available  in  the  final  report. 
Alumizine  proved  to  be  a  practical  propellant  by  its  properties  and  characteristics, 
its  larger-scale  production  and  use,  and  by  the  fact  tliat  it  can,  in  general,  be 
used  in  components  based  on  conventional  design  concepts.  Subscale  thrust-chamber 
tests  (nominal  15,000-ib  thrust  and  150C-psia  chamber  pressure)  demonstrated  injector 
designs  capable  of  delivering  greater  than  of  theoretical  specific  impulse,  good 
stability,  and  good  durability.  These  tests  also  provided  valuable  heat-transfer 
information.  Heat-transfer  and  thermal  barrier  investigations  provided  confidence 
that  a  regeneratively  cooled  chamber  using  as  coolant  and  thermal  barriers  could 
be  developed.  Uncooled,  full-scale  (nominal  12u,000-Ib  thrust)  breadboard  engine 
and  component  tests  demonstrated  the  feasibility  of  both  components  and  engine;  how¬ 
ever,  separate  gas  generation  propellants  v/ere  utilized.  One  test  w’th  a  full-scale 
regeneratively  cooled  chamber  having  a  thermal  barrier  coating  was  performed, 
which  resulted  in  tube  burnout  in  the  convergent  region  of  the  chamber  upstream  of 
the  throat.  It  was  concluded  that  thn  tnerminal  Lon  .pulisd  off  during  the  test, 
causing  the  tube  burnout  to  occur. 

Relatively  little  significant  work  on  Beryllizine  has  been  accom¬ 
plished  .lince  the  conclusion  of  the  propellant  investigation  except  that  it  has 
been  further  shown  that  beryllium  is  more  difficult  to  burn  efficiently  than 
aluminum.  In  other  respects,  Beryllizine  continues  to  bear  strong  behavioral 
resemblance  to  Alumizine.  Currently,  Beryllizine  propellant  development  and  sub¬ 
scale  performance  evaluation  with  N„Oi  and  98I  is  being  conducted  by  Aerojet- 

C  4  d  C 

General  Corporation  by  Contract  AF  04(6ll)-10783. 
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Numerous  other  orgsmizations  have  worked  with  N^Hj^-Al  and/or 
NgHj^-Be  gels;  however,  their  conclusions  and  e'complishments  are  not  directly 
cited  because  they  tend  to  only  further  substantiate  the  results  of  the  efforts 
already  described.  Good  reviews  of  virtually  all  gelled  propellant  develop’iient 
efforts  are  given  in  References  6,  7,  and  8. 

4.  N2Hj^-A1K,  and  N2Hj^-BeH2 

Tliixotropic  gels  of  N.Hi^  and  aluminum  hydride  (AlH^)  or  beryllium 
hydride  (BeH^)  were  still  in  an  early  state  of  laboratory  development  at  the  con¬ 
clusion  of  the  propellant  investigation.  In  the  case  of  NgH^-AlH^  gels,  their 
development  into  a  usable  storage  fuel  did  not  appear  to  present  any  insurmountable 
problems.  There  was  one  possible  exception,  however,  that  v/as  noted  at  that  time. 
Some  samples  of  AlH^  were  found  to  decompose  rather  rapidly  and  appeared  to  be 
somewhat  incompatible  with  whereas  others  appeared  quite  acceptable  from  both 

standpoints.  The  fact  that  some  samples  of  AlH^  were  relatively  stable  in 
indicated  that  certain  crystalline  modifications  and  purity  levels  would  satisfy 
the  stability  and  chemical  compatibility  requirements  of  a  storable,  gelled  propel¬ 
lant.  Thus,  with  proper  development  of  the  AlH.,  production  processes  and  on  the 
basis  of  N^Hj^-Al  gel  knowledge,  it  was  concluded  that  Alhi,  gels  did  not  present  a 
formidable  development  task. 


Ref  6  Metalized  Gelled  Propellants  Conference,  AFF.rl',  Edwards,  California, 

10-12  June  I963,  CPIA  Publication  33  (Confidential) 

Ref  7  Second  Metallized  Gelled  Propellants  Conference,  AEPPL,  Edwards,  California 
26-28  August  1964,  CPIA  Publication  64  (Confidential) 

Ref  8  Proceedings  of  AIAA  Propulsion  Joint  Specialist  Conference,  Colorado  Springs, 
Colorado,  l4-l8  June  I965 
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Additional  work  on  AlH2-N2Hi^  has  since  been  conducted;  how¬ 

ever,  the  effort  has  been  of  limited  scope.  The  recent  work  indicates  that 
production  processes  have  improved  eind,  in  general,  resulted  in  AlH^  with  better 
thermal  stability  and  chemical  compatibility  witn  Thus  it  is  currently 

possible  to  prepare  NgHj^-AlH^  gels  that  are  satisfactory  for  test  work,  but  that 
cannot  be  considered  entirely  storable.  Further  propellant  development  is  required 
to  achieve  sufficient  chemical  and  mechanical  i.tability  for  long-term  storage. 
NgHj^-AlHg  gels  have  been  found  to  provide  optimum  theoretical  performsuice  with  NgOj^ 
and  98^  ^2*^2  '*'^®  is  near  55  and  70^  by  weight, 

respectively.  Such  concentrations  present  definite  formulation  problems  within 
the  bounds  of  acceptable  flow  characteristics.  Aerojet-  '^neral,  under  IR&D  effort, 
has  achieved  55  to  60^  loading  level  in  small  combustors  improvement  in  flow 

characteristics  of  such  highly  loaded  fuels  and  the  achie  of  even  higher  loading 

requires  further  effort.  The  current  very  high  cost  of  AlH^  ^near  $700/lb)  and 
limited  availability  present  significant  hindrances  to  the  near-term  development  of 
NgHi^-AlH^  gel  fuels. 

In  the  case  of  U^Hj^-BeH^  gels,  a  definite  chemical  compatibility 
probelm  was  found  to  exist  with  the  BeH^  available  at  the  time  of  the  propellant 
investigation.  The  reason  for  the  incompatibility  of  BeH^  with  ^2^4  deter¬ 

mined  and  presented  a  perplexing  problem  since  BeH2  was  compatible  with  water, 

UDMH,  MMH,  and  apparently  compatible  with  some  N2H2^-H20  mixtures  of  high  N2Hj^  con¬ 
centrations.  Such  incompatibility  could  arise  from  either  a  unique  N2Hj^-BeH2 
reaction  or  from  impurities  in  either  ;-’cluct.  Additional  work  with  N2Hj^  and  BeH2 
was  found  to  be  definitely  required,  but  the  then-current  knowledge  indicated  that 
BeH2  could  ultimately  be  incorporated  into  some  gelled  carrier  of  high  N2Hj^  con¬ 
centration,  if  not  in  commercially  pure 

An  appreciable  amount  of  additional  work  has  been  devoted  to  the 
development  of  a  gel  fuel  containing  BeH2;  however,  emphasis  has  shifted  toward  the 
use  of  monomethylhydrazine  (MMH)  rather  than  N2Hj^  as  the  carrier  to  avoid  the  severe 
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compatibility  problem  noted  earlier.  By  using  MMH,  a  BeHg  gel  fuel  can  be  prepared 
which  has  sufficient  chemical  and  mechanical  stability  for  testing  purposes. 
Aerojet-General  Corporation  is  currently  under  contract  to  prepare  20  lb  of  a 
BeHg-MMH  gel  containing  by  weight  BeH2  tinder  Contract  AF  04(6ll)-10763  for 
testing  purposes.  Although  this  gel  appears  to  be  storable  for  extended  periods 
of  time,  additional  effort  will  be  necessary  to  develop  or  prove  long-term  stora- 
bility.  BeHg  gels,  like  AlH^  gels,  provide  maximum  performance  when  BeH^  concen¬ 
tration  in  the  fuel  is  relatively  high,  near  and  6%  by  weight  with  and 

SS4>  oxidizers,  respectively.  Efforts  to  a<;hieve  such  high  loadings  have 

resulted  in  the  preparation  of  gels  containing  up  to  approximately  51^3  BeH^  in  MMH 
with  reasonable  flow  characteristics,  but  a  ^5  to  47^  loading  represents  a  tore 
real  upper  limit,  taking  into  account  the  flew  characteristics  normally  desired  in 
gelled  propellants.  The  achievement  of  higher  loadings  and/or  the  use  of  as 

the  carrier  (theoretically  more  desirable  than  MMH)  presents  definite  challenges, 
but  some  hope  is  seen.  The  hope  is  based  primarily  on  the  anticiprtec  development 
of  crystalline  BeH^.  By  analogy  to  AlH^,  crystalline  BeH^  would  be  expected  to 
be  more  compatible  with  ^2^4  currently  available  amorphous  materi.al,  and 

should  be  more  dense,  which  would  enhance  increased  loading.  Some  progress  is 
being  made  in  the  preparation  of  crystalline  BeH^,  and  the  benefits  of  such  a 
material  should  soon  be  a  subject  of  testing  for  proof. 

The  properties  of  N^Hj^-AiH^  and  N^Hi^-BeH^  gels  have  not  been  well 
defined;  however,  the  two-phase  gelled  fuels  (Alumizine  and  Beryllizine)  have 
densities  which  agree  well  with  those  calculated  on  the  assumption  that  each  com¬ 
ponent  occupies  its  normal  volume.  This  same  assumption  has  been  used  to  calculate 
the  densities  of  N^Hj^-AlH^  and  N2Hj^-BeK2  gels.  Heat  capacities  have  been  estimated 
on  the  basis  of  additive  molar  heat  capacities  for  the  components.  These  properties 
were  calculated  as  a  part  of  this  program. 
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IV,  Propellant  Investigation  (cont.) 
B.  PERFORMANCE  CALCULATIONS 


The  theoretical  performance  of  N^C^/AeroZINE  N^O^/N^Hj^  +  Al,  N20j^/ 
N^Hj^  +  AlH^,  N^Oi^/N^^U  N^Oj^/N^Hj^  +  BeH^,  H202/N2H,^  + 

AlH^,  <M  +  Be,  and  3%  4  BeH^  was  computed  as  a  part  of  the 

propellant  investigation.  These  computations  covered  the  chamber-pressure  range 
of  1000  to  10,000  psia,  various  mixtuie  ratios,  and  vai'ious  concentrations  of  solid 
additive  in  the  fuel,  where  applicable.  As  a  result  of  these  computations  the 
effects  of  additive  concentration,  chamber  pressure,  and  mixture  ratio  on  specific 
impulse  (optimum  sea  level),  combustion  temperature,  and  bulk  propellant  density 
were  defined.  Additionally,  vacuum  performance  at  various  area  ratios  was  defined 
at  optimum  additive  concentration  and  mixture  ratio  (for  sea-level  operation)  for 
each  combination  at  each  of  several  chamber  pressures.  These  data  were  compiled 
into  a  special  report  (Reference  9)  an<i  issued  under  this  contract.  Because  of  the 
large  volume  of  data  presented,  only  a  summarj'  will  be  given  here. 


The  optimum  concentration  of  solid  additive  in  the  fuel  (for  sea- level 
operation)  for  each  combination  is  shown  in  Figure  IV-B-1  as  a  function  of  chamber 
pressure.  Note  that  the  optimum  additive  loadings  for  AlH^  and  BeH^  are  signifi¬ 
cantly  higher  than  for  Al  and  Be,  and  that  when  the  fuels  are  oxidized  by  98?^  H2O2, 
the  optimum  loadings  are  higher  than  with  N^Oj^  oxidation.  Also  note  that  the 
optimum  loadings  of  the  hydrides  increase  with  chamber  pressure  more  rapidly  than 

I 

they  do  with  the  parent  metals.  From  the  discussion  (Section  IV, A)  regarding  the 
ability  to  achieve  high  loadings  of  the  hydrides  in  carriers,  it  can  be  readily 
recognized  that  operation  with  *  AlH^  and  98%  H^O^/n^Hj^  +  BeH^  at 

optimum  loading  is  not  within  current  capabilities.  I^urther,  it  should  be 
recalled  that  the  observed  incompatibility  of  BeH_  and  N_H|  rules  out  the  use  of 


Ref  9  Performance  and  Properties  of  N20)) /AeroZINE  90  and  Selected  Metalized 
Storable s ,  Report  LRP  302,  Aerojet -General,  Liquid  Rocket  Plant, 

1  March  I963  (Cor fidential) 
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IV,  B,  Performance  Calculations  (cont.) 

any  BeH2-N2Hj^  gel  at  the  present  time.  Although  the  pi'eceding  conclusions  would 
normally  lead  one  to  believe  that  AlH^  and  EeH^  gels  have  little  future,  it  must 
be  recognized  that  operation  below  optimum  lofxding  or  with  a  carrier  other  than 
NgHj^  (e.g.,  MMH)  does  not  degrade  performance  capabilities  to  the  point  that  they 
become  unattractive.  For  example,  the  optimum  leading  of  AlH^  in  the  fuel  for  the 
98^  +  AlH^  system  ai;  30CC-psia  chamber  pressure  is  approximately  73^> 

but  operation  with  a  fuel  containing  55%  AlH^  (an  achievable  concentration)  degrades 
specific  impulse  only  about  5  sec. 


Optimum  mixture  ratios  at  optimum  additive  concentration  are  snown  for 
each  combination  as  a  function  of  chamber  pressure  in. Figure  IV-B-2.  It  is  inter¬ 
esting  to  note  that  combinations  containing  Al,  Be,  and  AlH^  all  operate  at  mixture 
ratios  far  below  that  of  NgOi^/AeroZINE  50  (less  than  0,8  compared  to  approximately 
2.0),  whereas  BeH2  combinations  operate  somewhat  intermediately  but  still  closer 
to  the  other  metalized  propellants  than  to  AereZiNE  50.  The  mixture  "'atios  increase 
with  chamber  pressure  in  direct  proportion  so  the  increase  in  the  optimum  additive 
loading  as  pressure  increases.  Although  it  is  not  obvious  from  Figure  IV-B-2, 
volumetric  mixture  ratios  for  the  eight  metalized  propellant  combinations  can 
readily  be  shown  to  be  extremely  close  to  the  same  value  at  a  given  pressure.  This 
fact  indicates  that  interchangeability  between  these  metalized  propellants  of  hard¬ 
ware  designed  for  any  one  would  be  relatively  easy. 

Optimum  sea- level  specific  imi'-ulses  for  the  various  propellants  is 
shown  in  Figure  IV-B-3  as  a  function  of  chamber  pressure.  I'rom  this  figure  it 
car  be  readily  seen  that  very  significant  perfcrmance  advanxage  can  be  gained  with 
increasing  pressure  for  each  propellant  and  that  performance  increases  with  the 
^.-'Various  fuels  in  the  following  oider  r  AeroZINE  52,  ^^2^1  ^  ^^^3’  ^2^4  ^ 

Be,  N2H|^  +  BeH2.  Also  notice  that  98%  H2O2  is  better  than  N20^  with  any  of  the 
metalized  fuels  when  they  are  individually  optimized  for  the  particular  oxidizer. 

The  difference  between  the  two  oxidizers,  however,  is  relatively  small  with  N2Hj^  + 

Al  (about  2  sec)  but  becomes  progressively  more  significant  in  going  to  N2H|^  +  AlH^ 
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to  +  Be  to  +  BeHg  where  the  difference  is  approximately  21  sec.  It  must 
be  pointed  out,  however,  that  the  optimum  additive  loadings  with  ^d’jo  higher 

them  with  and  where  loadability  limits  come  into  play,  as  is  the  case  with 

AlH^  and  BeH^,  the  potential  advantage  of  98^  over  N^Oj^  can  be  significantly 
reduced  as  a  result  of  this  limit.  For  example,  approximately  55?^  AlH^  in  NgH^  is 
the  current  achievable  loading  limit,  and  at  this  level  the  performance  at  30OO  psia 
with  99^  HgOg  is  only  I.3  sec  better  than  with  N^O^.  Without  a  loadability  limita¬ 
tion,  98^  ^2^2  advantage  of  about  6  sec.  The  same  type  of  limitation 

applied  to  BeH2  at  a  U5^  by  weight  loading  level  shows  that  the  potential  advantage 
of  99^  ^2^2  reduced  from  approximately  21  to  11  sec.  Recent  work  taking  into 
account  the  fact  the  BeH2  cannot  currently  be  carried  in  N^H^,  but  can  be  used  in 
MMH,  shows  that  98^  'A.^^/Q.35  MMH  +  0.45  BeH^  provides  the  current  practicable  upper 
limit  on  storable  specific  impulse,  sind  that  this  performance  closelj"  coijicides  with 
the  values  shown  for  NgOj^/NgH^  +  BeHg  in  Figure  IV- B- 3. 

The  theoretical  combustion  temperatures  for  the  optimized  propellant 
combinations  are  shown  in  Figure  IV-B-4  as  a  function  of  chamber  pressure.  From 
this  figure  it  is  evident  that  the  metalized  propellants  burn  at  nearly  the  same 
temperature  as  does  NgO^/AeroZINE  50  when  chamber  pressure  is  near  1000  psia,  but 
become  3OO  to  1000°R  higher  as  the  chamber  pressure  reaches  10,000  psia.  In  all 
cases,  98^  ^2*^2  lower  combustion  temperatures  than  the  corresponding  ^20^ 

oxidized  systems  even  though  additive  concentrations  are  consistently  higher. 

The  bulk  propellant  densities  for  these  combinations  are  shown  in 
Figure  IV-B-5.  It  is  interesting  to  note  that  the  BeH2  systems  have  significantly 
lower  bulk  densities  them  does  N  0,,/AeroZINE,  but  that  all  other  additives  provide 

^  *T 

improvements  over  N202^/AeroZINE  50*  A1  and  AlH^  systems  produce  the  greatest  bulk 
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C.  EXTENSION  OF  PHYSICAL-PROPERTY  DATA 

Because  little  or  no  property  data  for  the  propellant  of  interest  in 
this  investigation  were  available  at  the  high  temperatures  and  pressures  of  impor¬ 
tance  to  this  program,  veirious  techniques  for  calculating  physical  properties  were 
used  extensively.  The  properties  considered  included  heat  capacity,  Ariscosity, 
thermal  conductivity,  sind  density  from  saturation  pressure  to  10,000  psia.  The 
propellants  covered  included  the  oxidizers  N20|^  and  ^2^2’  fuels, 

AeroZINE  50,  N^Hj^,  N^Hj^  +  Al,  N^Hj^  +  AlH^,  N^Hj^  +  Be,  and  N2Hj^  +  BeH^. 

It  is  known  that  the  property  data  generated  by  the  various  calculation 
techniques  eiaployed  are  subject  to  relatively  laige  errors,  particularly  where  two- 
phase,  non-Newtonian  fluids  are  involved.  Therefore,  such  data  were  utilized  only 
in  heat-transfer  calculations  where  the  possible  property  errors  are  probably  less 
significant  on  the  results  of  the  heat -transfer  calculation  than  are  the  inherent 
errors  found  in  the  heat-transfer  coefficient  correlations  used  in  such  calculations. 

The  properties  thus  generated  and  the  techniques  employed  in  their 
calculation  are  given  in  Reference  9*  Because  of  their  somewhat  limited  applica¬ 
bility  and  relatively  large  volume,  they  a'^e  not  repeated  here. 

Since  the  conclusion  of  the  propellant  investigation  conducted  under 
this  program,  the  properties  of  N20j^  have  been  redetermined  on  the  basis  of  recent 
laboratory  measurements  of  densities  at  high  temperatures  and  pressures  and  upon 
new  calculations  which  take  N^Oj^  dissociation  into  account.  This  much-improved 
set  of  properties  is  given  in  Reference  10. 


Ref  10  Baker,  L.,  Namikawa,  K.,  and  Petrozzi,  P.  J.,  Physical  Properties  of 

Nitrogen  TetroxLde,  Aerojet-General  Corporation,  Liquid  Rocket  Operations, 
1  December  19^4 


Page  IV-16 

CONHDEIITMl 


tONniENTML 

Book  One 

IV,  C,  Extension  of  Physical- Property  Data  (cont.) 

Very  little  work  has  been  done  in  the  intervening  period  on  the  proper¬ 
ties  of  S&lo  ^2^2  temperatures  and  pressures;  however,  such  work  has  very 

recently  been  vindertaken  as  a  part  of  tlie  "High  Energy  Propellants  Program" 

(Contract  AF  04(6ll)-10785) •  Thie  extensive  effort  planned  is  anticipated  to  pro¬ 
vide  not  only  iii5)roved  properties  information  but  also  complete  evaluation  of  the 
applicability  of  901&  ^2^2  high-pressure  engines. 

No  significeuit  new  properties  data  at  high  temperatures  and  pressures 
have  become  available  on  the  metalized  gelled  fuels.  This  is,  however,  not  vinexpected 
in  view  of  the  analytically  predicted  and  partially  demonstrated  poor  heat-transfer 
characteristics  of  such  fuels. 

D.  SELECTION  OF  ADVANCED  STORABLE  PROPELLANT  SYSTEMS 

Because  NgOj^/AeroZINE  50  is  the  highest  performing  and  most  widely  used 
state-of-the-art  storable  propellant  system,  an  investigation  of  its  applicability 
to  high-chamber-pressure  rocket  engines  provided  a  natural  starting  point  for  similar 
investigations  of  the  advanced  metalized  propellant  systems.  Thus,  the  primary 
effort  throughout  the  program  was  directed  toward  the  N^Oj^/AeroZINE  50  propellant 
combination,  and,  secondarily,  toward  the  metalized  propellant  combinations. 

The  various  metalized  propellant  combinations  considered  are  neither 
equally  desirable  from  a  theoretical  performance  standpoint  as  shown  in  Section  IV, B, 
nor  are  they  equally  ready  for  application  to  high-pressure  rocket  engines  as  shown 
in  Section  IV ,A.  Unfortunately,  those  combinations  most  '^esirable  on  a  performance 
basis  (AlH^.Be  and  BeHg  combinations)  are  least  ready  for  application  to  any  rocket 
engine  and,  conversely,  those  with  the  lower  perf-  vnance  potential  (A1  combinations) 
are  more  nearly  ready  for  engine  development.  The  selection  of  the  most  desirable 
advanced  metalized  propellant  combinations  is  further  complicated  by  two  facts; 

(i)  Be  and  BeH^  have  higher  performance  potential  than  A1  and  AlH^,  respectively, 
but  they  are  now,  or  potentially,  more  expensive  and  are  highly  toxic,  and  (2)  the 
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IV,  D,  Selection  of  Advanced  Storable  Propellant  Systems  (cont.) 

use  of  HgOg  as  an  oxidizer  provides  a  performance  gain  over  the  (particularly 

in  AlH^,  Be,  and  BeHg  systems),  but  it  is  more  expensive  and  less  experience  is 
available  to  define  the  extent  of  its  applicability  to  advanced  engines.  It  thus 
becomes  apparent  that  one  cannot  judicioi!sly  select  a  "best"  advanced  metalized 
propellant  combination  without  knowledge  of  the  relative  importance  of  system 
performance,  required  operational  date,  ccst,  and  toxicity.  Since  it  appears 
doubtful  that  anyone  can  properly  assess  the  relative  importance  of  the  above- 
mentioned  considerations  for  more  than  specific  missions,  one  must  conclude  that 
the  fuels  containing  Al,  Be,  AlH^,  and  BeH^  and  the  oxidizers  and  98^  ^2*^2 
may  each  occupy  a  prominent  position  at  some  time  in  storable  propellant  develop¬ 
ment  as  advancement  is  made  from  NgO^^/AeroZINE  50  toward  98^  +  BeH^ 

(potentially  the  highest  performing  storable  propellant) . 

In  view  of  the  preceding  facts,  the  best  one  can  do  in  selecting 
advanced  storable  propellants  for  other  than  specific  missions  is  to  select  pro¬ 
pellant  combinations  that  will  quickly  and  economically  lead  to  the  development 
of  the  best  performing  propellant  and,  at  the  same  time,  yield  one  or  more  combi¬ 
nations  of  intermediate  performance  in  the  interim  that  could  be  made  operational 
relatively  easily  if  such  a  requirement  became  apparent.  +  Al  offers 

about  5?^  higher  performance  than  current  state-of-the  art  storables 
AeroZINE  50),  and  as  discussed  in  Section  IV ,A,  has  become  essentially  ready  for 
conventional  engine  development.  Thus,  +  Al  was  considered  to  be  the 

most  logical  choice  as  the  first  metalized  propellant  to  be  considered  in  advanced 
engine  concepts.  The  early,  original  choice  of  a  fuel  containing  aluminum  over  a 
fuel  containing  beryllium  was  based  upon  a  lower  propellant  cost  and  a  lower 
development  facility  cost  by  reason  of  the  elimination  of  the  toxicity  problem 
associated  with  beryllium  use,  and  the  choice  of  ^20^^  and  the  very  small  performance 
advantage  (0.3^)  of  98')^  over  H2O2  over  N202^  containing  aluminum. 
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IV,  D,  Selection  of  Advanced  Storable  Propellant  Systems  (cont.) 

The  specific  order  of  importance  of  other  metalized  propellants  was 
not  defined  in  the  propellant  investigation;  however,  further  investigation  of 
98^  +  AIH^  and  98^^  HgOg/NgHj^^  +  Be  was  suggested  because  of  their  high 

performances  and  the  benefits  they  could  give  toward  the  potential  development 
of  9856  HgOg/BeHg  containing  gel.  For  example,  work  with  9B^  HgOg/NgHi^  +  AlH^ 
would  define  the  methods  for  proper  utilization  of  98^6  and  the  differences 
between  the  utilization  of  metals  (Al)  and  metal  hydrides  (AiH^),  and  work  with 
98^  KgOg/NgHj^  +  Be  would  define  the  problems  of  handling  and  utilizing  the  toxic 
beryllium-containing  liquid  fuels  and  means  of  achieving  good  beryllium  combustion. 

Because  of  the  very  high  cost  and  poor  availability  of  AlH^,  it  has 
since  become  apparent  that  no  large-scale  investigations  of  98^  +  AlH^ 

can  be  undertaken  in  the  near  future.  The  strong  similarity  hstween  the  various 
metalized  fuels,  however,  indicates  that  Alumizine  +  Al)  can  serve  as  a 

very  econcmical  and  satisfactory  simulant.  Tne  98^  HgOg/NgHj^  +  Al  system  itself 
is  of  interest,  though,  because  of  its  good  performance  (slightly  better  than 

+  Al)  and  apparently  easier  utilization  in  advanced  cycle  engines  than 
corresponding  systems  if  98^^  HpOg  is  suitable  as  a  coolant. 

E.  DEFINITION  OF  PROBLEM  AREAS 

1 .  NgOj^/AeroZINE  50 


The  potential  problem  areas  related  to  the  use  of  NgOj^/AeroZ'^'T! 

50  in  high-pressure  engines  were  briefly  reviewed  as  a  part  of  the  early  pro¬ 
pellant  investigation.  Increastu  problems  in  chamber  cooling  and  gas  generation 
were  foreseen,  while  combustion  stability  problems  were  expected  to  be  no  worse 
and  possibly  reduced.  These  areas  have  been  studied  in  detail  in  other  portions 
of  this  program  and  in  the  Integrated  Component  Program  (Contracts  AF  04(6ll)-301T 
and  AF  o4(6ll)-8548) . 
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IV,  E,  Definition  of  Problem  Areas  (cont.) 

2.  +  A1 


The  problem  areas  related  to  utilization  of  this  propellant  combina¬ 
tion  were  studied  in  considerable  depth.  The  magnitude  of  the  possible  problems 
anticipated  in  various  engine  components  were  described  and  solutions  were  presented 
where  possible.  Since  the  study  was  completed,  experimental  verification  has  been 
achieved  in  almost  all  cases  under  Contracts  AF  04(647) -652,  SA  4,  and  AF  04(694) -212 
and  has  giv'in  good  agreement  with  prediction.  Results  of  these  recent  programs  are 
summarized  in  Section  IV,  A. 


3.  Other  Metalized  Propellants 


The  other  more  Important  metalized  propellants  considered  in  the 
problem  definition  phase  included  98^  HgOg/NgH^^  +  AlH^,  98?&  +  Be,  and  98^6 

®2^2^^2\  +  BeHg.  This  study  indicated  that  problem  areas  similar  to  those  for 
N2O4/N2H4  +  A1  would  exist  with  a  few  exceptions.  Thrust -chamber  cooling  appeared 
to  be  possibly  less  of  a  problem,  assuming  98^  ^2^2  high  pressures 

does  not  occur  to  an  appreciable  extent.  The  beryllium-containing  system  appeared 
to  present  a  greater  ignition  and  combustion  problem.  C-as  generation  was  expected 
to  be  simplified  because  of  the  monopropeilant  capabilities  of  H^Og.  Handling  and 
storing  of  98^  ®^2^2  present  more  of  a  problem  than  with  The  Be 

and  BeHg  systems  presented  new  toxicity  problems.  The  AlH^  and  BeH^  systems  required 
further  fuel  development  effort  to  achieve  chemical  and  mechanical  stability  of  the 
fuels. 


F.  RECOMMENDED  RESEARCH  ASTD  DET/ELOPyENT  PRCG-RAM-S 

Based  upon  the  review  cr  experience,  performance,  properties,  and  known 
and  anticipated  problem  areas  related  to  the  various  propellants  of  interest  in  this 
program,  it  was  recommended  that  both  laboratory  and  feasibility  demonstration 
programs  be  either  initiated  or  continued  and  expanded.  The  scope,  of  these  recommended 
efxorts  is  outlined  below. 
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IV,  F,  Reconunended  Research  and  Development  Programs  (cont.) 

The  laboratory  effort  should  include  the  clear  definition  of  the  high- 
pressure  heat-transfer  characteristics  of  NgOi^,  AeroZINE  50,  98?^  ^^2*  Mumizine. 
Laboratory  effort  ThtAild  also  be  directed  toward  the  development  of  usable  + 

AlH^  and  +  BeHg  gelled  fuels  (i.e.,  those  with  suitable  chemical  and  mechanical 
stabilities) . 

Feasibility  demonstration  programs  should  include  entire  engine  demon¬ 
strations  at  high  pressures  and  for  extended  durations.  NgOj^/AeroZIRE  50  should  be 
used  in  the  first  demonstrations  to  establish  basic  high-pressure  design  criteria 
for  thrust  cheimbers,  gas  generators,  turbines,  pumps,  and  system  controls.  The  effort 
necessarily  should  be  oriented  to  consider  novel  concepts,  which  could  eliminate  some 
of  the  major  problem  areas  known  or  anticipated.  Following  or  simultaneously  with 
this  effort,  emphasis  should  be  placed  upon  the  KgO^/NgHj^  +  A1  and  the  98^ 

NgHjj^  +  A1  propellant  combinations  to  define  the  design  modifications  required  to 
incorporate  metalized,  gelled  propellants  into  high-pressure  engines,  to  demonstrate 
the  performance  capabilities  of  the  metalized  fuels  in  high-pressure  engines,  and 
to  evaluate  98?6  oxidizer.  After  the  successful  demonstration  of  these 

propellant  combinations,  effort  should  then  be  centered  on  9^  ^  AlH^  and 

98^  HgOg/NgHij^  +  Be  to  define  any  further  design  modifications  required  to  utilize 
AlH^  and  Be  in  the  fuel.  This  latter  effort  should  then  allow  for  the  demonstration 
of  the  98?^  ^ 
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Optimum  Sea-Level  Specific  Impulse  of  Various  Metalized 
Storables  vs  Chamber  Pressure  (u) 
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Bulk  Density  of  Various  Metalized  Storables  at  Optimum  Sea-Level 
Mixture  Ratio  and  Additive  Concentration  vs  Chamber  Pressure  (u) 
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GAS-SIDE  HEAT -TRANSFER  STUDY 


A  detailed  program 
Rocketry  Program  to  study 
thrust  chambers  operating 
three  parts: 


vas  conducted  as  a  part  of 
the  gas-side  heat-transfer 
at  high  chamber  pressures. 


the  High  Chamber  Pressure 
coefficient  as  applied  to 
This  program  consisted  of 


1.  A  detailed  study  of  the  existing  analytical  methods  for  the 
determination  of  the  gas-side  heat-transfer  coefficient. 

2.  A  study  of  the  techniques  to  e^qpcrimentally  determine  the  gas-side 
heat-transfer  coefficient  in  a  high  chamber  pressure  thrust  chamber. 

3.  An  experimental  program  to  evaluate  the  most  promising  heat-flux 
measuring  technique  for  determining  the  actual  gas-side  heat-transfer  coefficient, 
and  to  correlate  it  with  the  analytically  obtained  coefficient*. 

Based  upon  the  study  conducted,  the  following  conclusions  are  made: 

1.  Three  euialytlcal  methods  currently  exist  for  determining  gas-side 
heat-transfer  coefficients  including  the  Bartz  general  boundary  layer  method,  the 
simplified  Bartz  method,  and  Mayer's  approximation.  Of  these,  the  simplified  Bartz 
method,  used  in' conjunction  with  a  correction  factor  multiplier  based  upon  experi¬ 
mental  data,  is  the  most  simple  method  to  apply  and  gives  generally  accurate  results. 

2.  No  heat-flux  instrument  exists  today  which  is  capable  of  directly 
measuring  the  gas-side  heat -transfer  coefficient  in  a  high-pressure  rocket  engine. 
There  are  techniques  for  computing  heat  flux  from  wall  temperature  measurements; 
however,  these  techniques  are  not  fully  developed  either. 

3.  Some  heat-transfer  measurements  were  made  in  the  experimental  program 
to  determine  the  gas-side  heat-transfer  coefficients.  One  measurement  agreed  with 
the  simplified  Bartz  method  using  a  multiplier  of  2.0;  other  measurements  yielded 
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V,  Gas-Side  Heat- Transfer  Study  (cont.) 

values  that  were  an  order  of  magnitude  too  low.  It  must  be  concluded  that  experimental 
measurement  of  the  gas-side  heat-transfer  coefficients  was  generally  unsuccessful, 
mainly  because  of  difficulty  in  maintaining  the  heat-transfer  instruments  in  place 
during  testing,  as  well  as  ablative  gases  from  the  uncooled  chaoiber  walls  that 
significantly  affected  the  boundary  layer  tes^zatures. 
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V,  Gas-Side  Heat'^^ransfer  Study  (cont.) 

A.  ANALYTICAL  METHODS  FOR  DETERMINING  GAS-SIDE  HEAT-TRANSFER 

COEFFICIENTS 

*  The  first  published  attempt  to  predict  gas-side  heat-transfer  coefficients 
in  convergent-divergent  nozzles  vaa  inresented  by  Bartz  (Ref  l)  trooi  a  solution  of  the 
general  boundary  layer  equations.  Because  such  computations  are  quite  complicated, 

Bartz  subsequently  presented  a  simplified  method  (Ref  2)  which  is  essentially  a  form 
of  the  conventional  pipe- flow  equation.  While  the  latter  equation  has  been  widely 
used,  the  results  are  not  completely  reliable  because  the  effects  of  combustion  chamber 
characteristic  length  (L*)  and  nozzle  convergence  angle  are  not  expressed  in  the  equation. 

It  is  evident  that  high  heat-transfer  coefficients  occur  near  the  injector; 
this  is  demonstrated  by  the  frequent  necessity  for  film  cooling  in  this  region.  A 
boundary  layer  analysis  predicts  high  heat-transfer  coefficients  where  the  boundary 
layer  growth  originates,  i.e.,  in  the  undeveloped  flow  region. 

The  simplified  Bartz  method  predicts  coefficients  which  agree  veiy  closely  with 
those  of  the  conqilete  boundary  layer  analysis,  except  in  the  region  where  boundary  layer 
growth  originates.  In  this  region  the  complete  analysis  predicts  higher  heat  transfer  . 
coefficients.  It  has  been  the  general  practice,  therefore,  to  compute  coefficients 
by  the  simplified  method,  and  then  multiply  these  values  by  a  factor  to  account  for  * 
this  effect.  This  factor  has  been  shown  to  range  from  1.5  and  2.0  depending  on  specific 
engine  operating  characteristics. 

A  simplified  boundary  layer  analysis  has  been  published  by  Mayer  (Ref  3) . 

In  this  analysis,  the  boundary  layer  development  originates  at  the  injector  face  and, 
as  expected,  indicates  the  existence  of  an  infinite  coefficient  due  to  the  zero  thickness 


Ref  1.  Bartz,  D.R.,  "An  Approximate  Solution  of  Compressible  Turbulent  Boundary 
Layer  Devel^ent  and  Convective  Heat  Transfer  in  Convergent-Divergent 
Nozzles,"  Transactions  of  the  ASME.  November,  1955. 

Ref  2.  Bartz,  D.R.,  '^Simple  Equation  for  Rapid  Estimation  of  Rocket  Nozzle 

Convective  Heat  Transfer  Coefficients,"  Jet  Propulsion.  January,  1957. 
Ref  3.  Mayer,  E.,  "Analysis  <i>f  Convective  Heat  Transfer  in  Rocket  Nozzles," 

AR3  Journal,  July,  196i, 
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V,  A,  Analytical  Methods  for  Determining  Gas-Side 
Heat-Transfer  Coefficients  (cont.) 

of  the  boundary  layer.  Because  of  this,  the  ccoimtation  of  the  required  Integrals 
is  initiated  at  an  arbitrary  distance  from  the  injector  face. 

It  is  reasoned  that  because  the  combustion  process  requires  some  finite 
time,  and,  therefore,  distance,  a  region  of  relatively  cooler  gas  exists  near  the 
injector  face  that  permits  establishment  of  the  momentum  boundary  layer  prior  to 
establishment  of  the  themal  boundary  layer. 

This  scheme  is  admittedly  artificial;  however,  extrapolation  yields 
injector  face  coefficients  ahlch  are  generally  consistent  with  practical  e3q>erience. 
This  method  appears  to  make  allowances  for  opposing  criteria  such  as  L*  and  nozzle 
convergence. 


During  the  analytical  studies  undertaken  on  the  High  Chamber  Pressure 

Program,  gas-side  heat-transfer  coefficients  were  calculated  for  MR  «  2.0  and 

Pc  =  3000  psia,  using  both  the  Bartz  short  form  approximation,  the  two-times  Bartz, 

and  the  Mayer  siinpllfled  boundary- layer  method.  The  form  of  the  Bartz  approximation 

method  is  based  on  the  assunq>tlon  of  a  fully  developed  turbulent  flow.  Because  of 

this  assumption,  the  gas-side  heat-transfer  coefficient  (h  )  is  essentially  constant 

S 

in  the  cylindrical  section  of  the  chamber,  increasing  in  the  convergent  section  of 
the  nozzle,  and  having  a  maximum  value  at  the  throat,  where  the  mass  velocity  is 
maximum. 


The  upper  limit  of  the  Bstrtz  method  was  obtained  by  multiplying  these 
values  by  the  above-mentioned  factor  (in  this  case  2.0)  and  diminishing  it  linearly 
in  the  convergent  section  to  l.C  at  the  throat.  Tne  results  of  the  Bartz  approxi ’nation, 
two-times  Bartz,  and  the  Mayer  method  are  shewn  in  Figure  V-A-1. 

In  general,  the  values  obtained  by  the  Mayer  method  are  between  the  Beirtz 
values  and  the  two-times  Bartz  values.  The  Mayer  method  of  calculation  gives  somewhat 
lower  values  at  the  throat  section,  tut,  while  the  throat  section  is  usually  a  critical 
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Heat-Transfer  Coefficients  (cont.) 

area  with  respect  to  heating,  it  has  been  experiaentally  established  that  the  Barts 
equation  aay  be,  under  some  condltlcms,  conservative  In  predicting  the  gas-side 
heat-transfer  coefficients  In  the  throat. 

Downstream  of  the  throat,  scaie  designers  use  the  Barts  equation  with 
physical  properties  corrected  In  terms  of  the  film  tenperature,  l.e.,  the  arithmetic 
average  of  the  free  stream  and  vail  tenperatures  or  Eckert's  reference  teoperature 
(Ref  4).  (in  the  ease  idiere  Eckert's  reference  teoperature  Is  used,  the  gas-side 
heat-transfer  coefficients  are  approximately  Uo^  lower  than  those  based  on  the  film 
te^)erature,  especially  at  large  area  ratios.)  The  Mayer  sinpUfled  boundary-layer 
■tethod,  which  Is  based  on  the  use  of  Eckert's  reference  teoperature,  yields  the  lowest 
gas-side  heat-transfer  coefficients.  The  difference  Is  prob6d>ly  not  significant  from 
an  engineering  standpoint  under  the  conditions  for  which  the  two  methods  are  coopared. 

A  more  luportant  question  is  that  of  the  proper  teoperature  at  which  to 
establish  transport  amd  physical  properties.  In  view  of  the  nature  of  the  problems 
Involved,  and  the  source  of  Eckert's  reference  correction.  It  is  probable  that  the 
use  of  the  film  teoperature  leads  to  unnecessarily  high  gas-side  heat-transfer 
coefficients  downstream  of  the  throat. 

In  general.  It  Is  preferable  to  use  the  Eckert  reference  temperature 
because,  with  an  externally  cooled  wall,  the  boundary  layer  temperature  reaches  a 
locail  maximum  which  Is  greater  than  either  the  corresponding  free  stream  temperature 
or  the  wall  temperature,  whereas  the  film  teoperature  is  defined  as  the  average  of 
the  two  teoperature s. 

The  effect  of  mixture  ratio  is  expected  to  be  quite  small  (approximately 
4^  for  mixture  ratios  In  the  range  1.6  to  2.4)  because  a  variation  In  mixture  ratio 
causes  small  vcurlatlons  In  coiobustlon  tmperature  and  appeeurs  In  the  Bartz  equation 
in  the  form  of  a  variation  In  characteristic  velocity,  As  long  as  the  mixture 
ratio  does  not  differ  greatly  from  stoichiometric, variations  In  combustion  temperature 
and,  therefore,  c*,  are  relatively  small. 

Ref  4.  Eckert,  E.R.G.,  "Survey  of  Boundary-Layer  Heat  Transfer  at  High  Velocities 
and  High  Temperatures,"  WADC  Technical  Report  59-624,  April  i960. 
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V,  Gas-Side  Heat-Transfer  Study  (cont.) 

B.  EXmiMENTAL  TgCHHiqUES  FOB  DETERMSfUIQ  GAS-SIDE 

HEAT-TRANSFER  COEFFICIERTS 

The  most  direct  method  for  detomining  the  gas- side  heat- transfer 
coefficients  is  the  use  of  heat  flux  calorimeters.  During  the  course  of  the 
program,  all  known  manufactvirers  of  heat  flux  calorimeters  were  contacted.  It 
was  found  that  no  manoifacturers  had  Instruments  capable  of  operating  in  the  severe 
temperature  and  pressure  environment  encountered  in  a  hl^-pressure  thrust  chamber. 

Some  of  the  Instruments  could  not  absorb  the  anticipated  heat  fluxes, 
while  others  lacked  the  mechanical  Integrity  required  to  withstand  the  t\irbulent 
flow  and  the  high  pressures  experienced  in  the  thrust  chaaiber.  The  use  of  high- 
teaperature,  high-response  thermocouples  was  then  investigated. 

Thermocouples  and  their  mounting  assemblies,  when  properly  designed 
and  adequately  developed,  can  provide  temperature  data  from  which  heat  flux  and 
gas-side  heat-transfer  coefficient  can  be  determined.  There  are  two  ways  by  which 
the  gas-side  heat-transfer  coefficient  can  be  determined  from  thermocouple  data. 

One  of  these  methods  is  to  inbed  the  thermocouple  at  a  known  distance 
(L)  from  the  "hot"  surface  of  a  material  whose  conductivity  (k)  is  known  and  record 
the  transient  temperature  history  at  that  point.  Then,  by  using  the  infinite  slab 
case  of  the  Schmid c  plot  method  (Ref  ^),  the  heat  flux  and  thus  the  heat- transfer 
coefficient  can  be  determined. 

The  other  method  is  to  install  two  thermocouples  in  the  same  plane  at  a 
known  radial  distance . (L)  from  each  other  in  a  material  whose  conductivity  (k)  is 
known.  The  heat  flux  and  the  gas-side  heat-transfer  coefficient  is  then  calculated 
from  L,  k,  and  AT. 

It 

Ref  5.  Kreith,  Frank,  Principles  of  Heat  Transfer,  p.  153 >  International 
Textbook  Company,  Scranton,  Pennsylvania,  1958. 
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V,  B,  E:q>erimental  Techniques  for  Detemining  Gas-Side 
Heat-Transfer  Coefficients  (c(»it.) 

In  both  cases  an  effort  has  to  be  made,  in  the  thermocouple  installation 
design,  to  ensure  uniplanar  heat  flow  in  the  specimens.  In  rocket  motors,  it  means 
that  the  heat  flow  should  be  purely  radial.  In  case  the  thermocouple  is  not  directly 
Installed  into  the  thrust  chamber  liner,  the  "plug”  must  be  large  enough  in  cross- 
section  to  inhibit  "cross-heat"  flow  (due  to  the  difference  in  conductivity  between 
the  chamber  liner  and  plug)  at  the  thermocouple  during  the  anticipated  data  period. 

The  single  thermocouple  method  was  selected  for  use  during  this  program. 

The  thermocouple  used  in  these  investigations  was  custom-made  by  the  NAIQ<IAC  Corporation, 
New  Jersey.  This  thermocouple  was  made  of  tungsten/7^^  tung5ten-2^  rhenium  and  had 
a  body  of  ATJ  graphite.  The  thermocouple  was  capable  of  giving  accurate  tenperature 
readings  even  when  it  was  eroding.  The  design  is  shown  in  Figure  V-B-1. 


Initially,  three  thermocouples  were  installed  in  an  ATJ-graphite  thrust- 
chamber  liner  and  were  located  at  different  points  along  the  chamber  contour  and  at 
known  distances  from  the  gas-side  wall.  The  installation  is  shown  in  Figure  V-B-2. 

The  material  and  grain  orientation  of  these  thermocouples  was  identical  to  the 
material  and  grain  orientation  of  the  thrust  chamber  liner  in  which  they  were  installed. 
The  thermocouples  were  lapped  and  cemented  in  place  with  a  commercial  product  cement 
(C-9).  This  cement  has  thermal  conductivity  close  to  that  of  ATJ  graphite. 

The  graphite  chamber-liner  segments,  however,  did  not  survive  the  engine 
start  transient  (in  most  cases  the  graphite  cracked  and  was  ejected  through  the 
nozzle),  and  consequently  mesoilngful  heat-trsinsfer  data  were  not  obtained.  Further 
use  of  the  thermocouples  was  suspended  until  a  satisfactory  liner  material  was  found. 

Subsequent  chamber  development  showed  that  ablative  materials  were  very 
satisfactory  as  thrust  chamber  liners.  (These  materials  were  originally  considered 
but  rejected  because  of  the  possible  ;effects  of  liner  ablation  on  heat-transfer  data) . 
Attempts  to  deteimine  the  gas-side  heat-transfer  coefficients  experimentally  were 
then  resumed.  The  thermocouples  were  embedded  in  ATJ-graphite  plugs  which  were 
bonded  to  the  ablative  liner.  The  installation  is  shown  in  Figures  V-B-3  and  -4. 
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V,  B,  Esqperlmental  Techniques  for  Determining  Gas-Side 
Heat-Transfer  Coefficients  (cont.) 

The  plug  vas  designed  so  that  a  relatively  large  graphite  area  surrounded  the  thermo¬ 
couple  at  the  chaoher  vail  surface.  This  vas  done  in  an  attempt  to  Isolate  the 
thermocouple  from  the  ablating  chamber  surface  as  much  as  possible,  a  condition 
idiich  could  obscure  the  tenq>erature  data.  The  surrounding  graphite  also  provided 
a  material  of  knovn  conductivity  between  the  thermocouple  and  chamber  vail  surface, 
which  Is  necessary  for  heat  transfer  calculations. 

Five  thermocouples  were  installed  for  testing;  they  were  located  and 
numbered  as  shown  in  Figure  V-B-3. 
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V,  Gas-Side  Heat-Transfer  Study  (cont.) 

C.  EXmiMEMiAL  INVESTIGATION  OF  GAS-SIDE 
HEAT-TRANSFER  COEFFICIENTS 

Tests  1.2-02-yAM-003  and  1.2-02-YAM-004  were  conducted  with  the  ablative- 
lined  thrust  chambers  to  provide  heat-transfer  data.  The  tenperature-vs-time  plots 
are  shown  in  Figures  V-C-1  and  V-C-2. 


The  raw  data  were  reduced  using  the  graphical  Schmidt  plot  method  to 

analyze  transient  heat  transfer.  By  this  method,  the  temperature-vs-tlme  history 

is  plotted  throughout  the  material  and  its  surface  because  the  tesperature-time  history 

at  any  point  was  known.  The  intersection  of  these  curves  with  the  corresponding  gas 

or  driving  tenperature  yields  the  corresponding  k/h  value,  where  k  is  the  material 

thermal  conductivity  at  that  particular  time  and  temperature,  and  h  is  the  corres- 

S 

ponding  gas-side  heat-transfer  coefficient. 


To  determine  the  validity  of  the  obtained  h  ,  the  Heissler  chart  (Ref  6) 

O 

method  was  used.  In  this  method,  the  h^  that  was  obtained  from  the  Schmidt  plot 
technique  was  used  to  obtain  the  corresponding  wall  temperature.  The  wall  temperature 
that  was  calculated  in  this  manner  hsid  to  be  identical  to  the  experimentally  measured 
temperature  if  the  h  was  correct.  The  calculated  temperatures  were  in  good  agreement 

O 

with  the  measured  values. 


Slight  differences  did  occur,  however,  and  this  was  expected  because  the 
Heissler  charts  were  developed  for  tests  where  the  time  is  measured  in  hours,  and 
the  Forier  modulus  (Fo  =  t/l  ),  which  is  one  of  the  ordinates  of  the  plot,  is 
very  small  and  near  the  convergent  section  of  the  available  curves.  The  original 
equations  could  have  been  solved  to  generate  an  expanded  set  of  curves,  but  the 
differences  were  not  significant  enough  to  warrant  the  time  and  cost  involved. 

Ref  "Heat  and  Mass-flow  Analyzer  Laboratory,"  Columbia  University,  Presented 
at  the  Semi-Annual  Meeting  of  the  American  Society  of  Mechanical 
Engineers,  Detroit Michigan,  June  1?  to  20,  1946. 
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V,  C,  Experiaental  InyestigatlOD  of  Gas-Side 
Heat-Transfer  Coefficients  (cont.) 

The  resulting  h  vas  then  compared  vith  those  obtained  analytically  in 
S 

Figure  V-C-3>  The  reduced  data  Bxe  presented  in  three  plots:  (l)  Figure  V-C-4  is 

the  plot  of  the  hot-gas-side  vail  temperature  (T  )  ts  time,  (2)  Figure  V-C-5  is  the 

vg 

plot  of  the  gas-side  heat- transfer  coefficient  (h  )  rs  tlrie,  and  (3)  Figure  V-C-6  is 

D 

the  plot  of  the  heat  flux  (q)  vs  time. 

As  can  be  seen  in  Figure  V-C-3,  the  data  obtained  froai  the  thermocouple 
located  in  the  first  L*  segment  (T^^)  is  in  agreement  vith  that  obtained  analytically 
by  doubling  the  Bartz  values,  vhile  the  others  are  too  lev  by  a  factor  of  from  five 
to  ten. 


Figure  V-C-U,  vhich  is  the  plot  of  the  !iot-gas-side  vail  temperatures 

indicates  that  throughout  the  test  the  vail  tenperatures  vere  lover  than  expected  at 

all  thermocouples  except  T  e. 

c-5 

Thermocouple  T^  _  vas  located  at  the  forvard  end  of  the  chamber  near  the 
c— 5 

injector  face,  an  area  vhere  little  or  no  ablation  of  the  thrust  chamber  liner  vas 
experienced  in  short  duration  tests.  The  other  thermocouples,  however,  were  located 
in  the  convergent  section  of  the  chamber,  eui  area  in  which  major  ablation  begins 
during  the  latter  portion  of  the  start  transient. 


It  is  therefore  concluded  that  only  thermocouple  T  ^  recorded  the  true 
temperature  conditions;  the  other  data  reflected  the  effect  of  the  relatively  cool 
gases  produced  by  the  ablating  wall,  which  acted  as  a  film  coolant  and  caused  a  shEirp 
reduction  in  wall  temperatures. 


No  further  measurements  of  the  gas-side  heat-transfer  coefficients  were 
attempted.  The  use  of  the  ablative  liners,  -vdiich  proved  so  successful  for  evaluation 
of  injectors  and  for  determination  of  uncooled  thrust-chamber  performance, preclude 
the  measurement  of  accurate  wall  temperature  data. 
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V,  C,  Ej^ertBental  Inrtitlcatioti  of  GM-Side 
He«t-Transf«r  Coefflcienta  (coot.) 

Additional  heat-transfer  experlaenta  were  ccmducted,  however,  with  sooe 
ot  the  cooled  hardware  coaponenta.  These  experisenta  are  discussed  under  the 
subsections  in  Section  VII,  "Cooled  ISirust  Chamber  Design  and  Develqpaent,"  and 
in  Section  VIII,D,  "Effectiveness  of  Filn  Cooling." 
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Figure  V-B-1 


Graphite  Liner  Ihermocouple  Installation  Design 


Figure  V-B-2 
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VI.  UlCOnrgn  THROST  CHAMBER  DESICar  AKD  DEVELOBIEHT 


The  basic  objective  of  the  Ihicooled  CloBnber  Prograa  vas  to  investigate  the 
perfomance,  heat  transfer,  and  general  (grating  characteristics  of  N20{^  and 
AeroZISE  ^  at  a  coobustion  pressure  of  3000  psia.  To  achieve  this  objective,  a 
^,000-lb-thrust  experimental  thrust  chamber  of  segmented  design  was  designed, 
built,  and  tested. 

The  first  task  in  the  program  was  to  define  the  operating  specification, 
chaniber  contour,  and  basic  materials  of  construction  suitable  for  use  in  a  hi£^- 
pressure  uncooled  cosibustion  chamber.  This  effort  is  discussed  in  Section  VI, A, 
following.  From  this  investigation,  detailed  components  were  designed  and  evaluated 
in  the  test  program.  These  components  included  injectors,  a  chamber  segment,  a 
throat  segment,  and  an  exit  nozzle  segment.  Design  descriptions  for  each  of  the 
program  components  are  discussed  in  Sections  VI, B  and  C.  Also  included  in  these 
sections  are  discussions  of  the  test  results  and  design  changes  required  in  the 
development  program  for  each  of  the  components. 

The  thrust  chamber  performance  obtained  with  the  uncooled  hardware  is  given 
in  Section  VIII,  which  is  a  combined  discussion  of  all  performance  obtained  in  the 
program.  Including  both  uncocled  and  cooled  hardware.  Combustion  stability  data 
obtained  has  also  been  consolidated,  and  is  given  in  Section  IX. 
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VI,  Otaeooled  Thrust  Chaaber  Design  and  Dereloinent  (conb.) 


A.  nSSTGOr  GBUoKCA 


Btlng  Specifications 


The  nnainai  operating  specifications  to  which  the  uncooled  chamber 
was  designed  are  as  follows: 


Thrust 

Chanber  pressure 
Klxture  ratio 
Combustion  efficiency 
Hozzle  efficiency 


50,000  lb  at  sea  level 
3000  psla 


From  these  values,  the  following  design  parameters  were  derived: 


Qzldlzer  flow  rate 
Fuel  flow  rate 
Throat  area 


Il4  Ib/sec 
57  Ib/sec 
9.98 


2.  Chamber  Contour 

The  selected  chamber  contour  Is  shown  In  Figure  VI-A-1.  The  values 
of  the  basic  dimensions  are  given  below: 


Throat  diameter 
Chamber  diameter 
Convergent  angle 
Contraction  ratio 
Chamber 
Exit  diameter 


3.55  In.  ' 

9.0  In. 

15.0*  I 

6.42 

Variable;  4o  in.,  70  In.,  100  In.,  130  in.;' 

I'  I 

7.47  in.  (stub  closure),  l6.34  In. 

(exit  cone) 
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VI,  A,  Design  Criteria  (cont.) 

The  chamber  diameter  of  9  In*  was  selected  as  the  result  of  an  Investiga¬ 
tion  In  ^Ich  chamber  diameters  from  7  to  9  in.  were  evaluated.  This  Investigation 
Included  the  following  elements:  dependence  of  ccunbustlon  chamber  configuration  upon 
contraction  ratio;  effect  of  I/D  upon  mode  of  Instability;  effect  of  length  upon 
longitudinal  mode;  effect  of  diameter  upon  transverse  modes;  effect  of  nozzle  upon 
stability;  and  effect  of  Injection  density.  Studies  of  ccoibustlon  stability  which 
were  used  In  the  Investigation  are  given  In  Ref  1  through  6.  It  was  concluded  that 
the  relatively  high  contraction  ratio  (6.2|2)  associated  with  the  9- In.  chamber  Is 
not  likely  to  produce  Instability  problems,  and  may  have  a  somewhat  stabilizing  effect. 
For  a  given  convergence  angle,  a  smaller  diameter  chamber  would  yield  a  shorter  con¬ 
vergence  section  length,  thereby  reducing  the  area  of  that  high  heat-tzansfer  region. 
The  resultant  Increase  of  heat  transfer  coefficient  In  the  chamber  section,  however. 

Is  felt  to  be  a  predominant  consideration,  thereby  indicating  the  choice  of  the 
larger-dlameter  chamber. 


The  selection  of  the  convergence  angle  was  based  upon  stability  and 
heat-transfer  considerations.  Theoreticeil  studies,  supported  by  test  data,  indicate 
that  the  Incidence  of  longitudinal  modes  of  Instability  are  minimized  when  small 
convergence  angles  are  used  (Ref  1  through  6).  Also,  it  was  found  in  the  Titan 
program  that  the  use  of  large  convergence  suigles  increase  the  incidence  of  erosion 
above  the  throat.  While  the  cause  of  the  erosion  is  not  fnlly  understood,  it  is 
felt  that  the  boundary  layer  is  disturbed  by  the  scrubbing  effect  of  the  gas  flow, 
which  increases  with  the  turning  angle. 

Ref  1  Berman  and  Cheney,  "Combustion  Studies  in  Rocket  Motors,"  Jet  Propulsion, 

March  1953,  Vol.  23,  No.  3,  PP.  89-93- 
Ref  2  Crocco  and  Cheng,  "High  Frequency  Instability  in  Rock^  Motors,"  Jet 
Propulsion.  October  1953,  Vol.  23,  No.  1,  p.  301. 

Ref  3  Crocco  and  Cheng,  "Theory  of  Combustion  Instability  in  Liquid  Propellant 

Rocket  Motors,"  AGARDOgraph,  No.  8,  Buttersworths  London,  I956  (Princeton). 

Ref  4  Crocco,  Grey,  and  Harr je,  "Theory  of  Liquid  Propellant  Rocket  Combustion 

Instability  and  Its  Experimental  Verification,"  ARS  Journal,  February  i960, 

Vol.  30,  No.  2,  pp.  159-168  (Princeton). 

Ref  5  Zucrow  and  Osborn,  "An  Experimental  Study  of  High  Frequency  Combustion  Pressure 
Oscillations,"  Jet  ^opulslon,  October  1958,  Vol.  28,  No.  10,  (Purdue). 

Ref  6  Priem  and  Morrell,  "Application  of  Similarity  Parameters  for  Correlating  High 
Frequency  Instability  Behavior  of  Liquid  Propellant  Combustors,"  AES  Paper  No. 
1721-161,  presented  at  Propellant,  Combustion,  and  Liquid  Rocket  Conference, 
Palm  Beach,  Florida,  April  I961,  (NASA-Lewis) . 
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VI,  A,  Design  Criteria  (coot.) 

The  chaoiber  was  designed  so  that  the  characteristic  length  (Lf)  could  be 
varied  to  permit  evaluation  of  the  effect  of  upon  coinbustlon  efficiency  and  to 
facilitate  determination  of  the  optlaum  I#  at  high  pressures.  The  chamber  lengths 
vors  adjusted  by  the  addition  of  chamber  Inserts  vhlch  were  designed  to  change  the 
characteristic  length  In  multiples  of  30  In. 

The  expansion  nozzle  wsub  designed  to  meet  the  requirements  of  both  the 
uncooled  and  cooled  chamber  programs.  It  extened  to  an  overall  area-ratio  of  70:1, 
(used  In  part  of  the  cooled  chamber  testing) .  For  the  uncooled  chamber  program 
for  part  of  the  cooled  chamber  program,  a  truncated  section  of  the  nozzle  was  used, 
extending  to  an  area  ratio  of  approximately  21,  which  corresponds  to  an  exit  pressure 
of  ill'.?  psla.  For  Injector  evaluation,  a  very  short  stub  closure  was  used,  which 
terminates  at  an  area  ratio  of  k.3, 

3*  Materials  Investigation 

Prior  to  consisting  the  uncooled  thrust  chamber  design  activity, 
heat -transfer  analyses  were  performed  for  various  candidate  materials  of  construction. 
Both  metallic  and  nonmetalllc  materials  were  considered.  The  analyses  were  based  on 
the  predicted  heat-transfer  coefficients  as  shown  In  Figure  VI-A-2  and  VI-A-3. 

Metallic  chamber  materials  were  found  to  be  unsatisfactory  as  chamber  liners. 
Nonmetalllc  material  analysis  centered  around  various  types  of  graphite.  Ablative 
materials  were  considered  as  possible  chamber  liners,  but  were  excluded  from  selection 
because  the  "gassing  off"  effect  of  the  material  was  thought  to  seriously  affect  the 
thennal  measurements  that  were  to  be  made.  Graphite  materials  therefore  were  selected 
for  use  as  uncooled  chamber  liners.  A  complete  discussion  of  the  chamber  heat  transfer 
Is  given  In  Section  V.  Detailed  discussions  of  metallic  and  nonmetalllc  chamber  liner 
materials  Investigation  are  presented  In  the  following  subparagraphs. 
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DooV:  C- 


a.  Metallic  Chamber  Liners 

Six  metallic  chamber  liner  materials  were  studied:  copper, 
aluminum,  molybdenum,  tungsten,  cast  iron,  and  chrome  steel.  A  transient  plot  of 
tenq^ature  versus  time  was  made  for  these  materials,  assuming  an  adiabatic  outer 
wall  and  one-dimensional  heat  transfer.  Figure  VI-A-4  clearly  illustrates  failure 
of  these  materials  before  5-sec  duration.  Conditions  in  the  throat  would  be  more 
severe,  so  no  evaluation  was  made  for  that  area. 

Copper,  the  best  of  the  metallics  studied,  was  evaluted  with 
a  0.005-in.  coating  of  zirconium  oxide.  The  transient  plot.  Figure  VI^-5  shows 
failure  of  the  1- in. -thick  copper  layer  at  the  copper-zirconia  interface  at  1.5  sec. 

b.  Honmetallic  Chamber  Liners 

The  principal  nonmetallic  material  considered  was  graphite. 

It  offers  the  advantages  of  high  upper  temperature  limit  (5000®F),  good  heat-sink 
capacity,  good  heat-transfer  capabilities,  and  resistance  to  thermal  shock. 

Transient  heat  transfer  calculations  were  made  for  ATJ-type 
material  to  determine  the  thickness  of  graphite  necessary  to  obtain  the  required 
heat  sink.  The  limiting  assvunptions  were  5000®F  graphite  surface  temperature  and 
1000“F  inner  pressure  vessel  wall  temperature.  Temperature  profiles  etre  shown  in 
Figures  VI-A-6  and  VI-A-7  for  the  chamber  and  throat,  respectively.  It  can  be 
seen  that  ATJ  material  appeared  satisfactory  in  the  chamber  but  marginal  at  the 
throat.  ZTA  and  pyrolytic  graphite  offered  better  erosion  characteristics,  but 
were  higher  in  cost  (lO  times  the  cost  of  ATJ  for  pyrolytic  material;.  In  addition, 
the  pyrolytic  graphite  offered  a  slightly  increased  heat-sink  capacity. 
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It  was  decided  that  the  initial  chaisbers  would  be  fabricated 
with  chaaber  and  throat  liners  made  of  A3SJ  graphite.  This  was  to  continue  \intll  the 
Injector  derelopsient  phase  was  over,  at  which  tine  the  throat  was  to  be  constructed 
of  p)rro3ytlc  graphite.  A  transient  plot  for  a  pgrrolytlc  throat  Is  Illustrated  In 
figure  VI-A-8. 


0 

c 

D 


Oraphlte  material  was  expected  to  react  with  water  formed  In  i 

the  combustion  products.  Various  coating  materials  were  Investigated  for  service  as 
a  protective  boundary  between  the  combustion  geises  and  graphite  chamber  liner.  These 
materials  were  tantalum  carbide,  silicon  carbide,  and  zirconium  oxide,  and  were  to  be 
tested  as  L*  protective  materials  until  a  coating  method  was  formulated.  The  carbides  ' 
were  deposited  on  graphite  blocks  by  diffusion,  and  the  zirconium  oxide  was  plasma- 
sprayed. 


Ablative  materials  were  not  considered  Initially  because  the 
hot-gas  boundary  layer  would  be  disturbed  by  the  ablation  gases,  which  would  make 
accurate  measurements  of  the  gas-side  heat-transfer  coefficients  difficult.  Develop¬ 
ment  test  experience  obtained  later  In  the  program  made  It  necessary  to  change  from 
graphite  materials  to  ablative  materials.  Actual  materials  used  for  chamber  liner 
and  throat  construction  are  discussed  in  Section  VI -C> 
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VI,  Uhcooled  Thrust  Chamber  Design  and  Developnent  (cont.) 

B,  DUECTOR  DESI6R  ASD  DEVEIOIMEIIT 

The  basic  objective  of  this  portion  of  the  uncooled  chamber  program  was 
to  design  and  develop  a  high-perfornance  50,000-lb-thrust-size  injector  to  use  NgOj^ 
and  AeroZIHE  50  propellants  and  operate  at  a  nominal  chamber  pressure  of  3000  psia. 

The  general  approach  followed  to  meet  this  objective  was:  (l)  consider 
all  promising  liguld-llguld  injection  techniques,  (2)  select  three  of  the  most 
promising  injection  techniques  and  cco^lete  designs  through  the  engineering  design 
layout  stage,  (3)  select  the  two  most  promising  designs,  prepeure  detailed  drawings, 
fabricate  the  injectors  and  retsiin  the  third  design  for  possible  backup  use, 

(4)  conduct  developnent  tests  on  the  two  selected  injector  designs  in  uncooled  thrust 
chambers  and  evaluate  injectors  from  standpoint  of  performance,  stability,  and  erosion- 
free  operation  (variation  of  MR,  P^,  L*,  etc.  is  considered  in  evaluation  of  these 
designs),  and  (5)  select  the  better  of  the  two  injector  designs  and  use  this  design 
and  its  base-line  performance  figure  for  evaluation  of  chamber  cooling  techniques 
during  the  cooled  chamber  test  program. 

The  three  injectors  that  were  initially  designed  were  the  pentad  (Figure 
Vl-B-l),  the  vortex  (Figure  VI-B-2),  and  the  concentric -ring  (Figure  VI-B-3).  These 
injectors  conformed  to  the  basic  guidelines  that  were  established  early  in  the 
program  between  the  Aerojet -General  Corporation  and  the  USAF  Project  Office.  Basic 
guidelines  included:  (l)  injector  designs  should  include  the  large -thrust- 
per-element  concept:  (2)  only  flat-face  injectors  should  be  considered  to  minimize 
the  heat -transfer  area;  (3)  injectors  should  have  the  capability  of  replacing  the 
orifice  elements  without  major  modification;  and  (4)  injectors  should  have  provisions 
for  the  incorporation  of  film  cooling  passages  so  that  they  can  be  used  with  only 
minor  modification  with  the  cooled  thrust  chamber  program  test  hardware. 
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VI,  B,  Injector  Design  and  Developiient  (cont.) 

The  vortex  Injector  and  the  concentric-ring  injector  were  the  designs 
that  were  selected  for  fabrication.  The  fabricated  injectors  are  shown  in 
Figures  VI-B-4  and  -5,  respectively.  Bie  pentad  injector  design  was  retained  for 
possible  use  as  a  backup  design.  Ihe  vortex  injector,  in  addition  to  being  a 
proBdsing  injector  technique,  offered  the  additional  potential  of  providing  chairiber 
wall  cooling.  Experljnents  conducted  at  Thiokol  Corporation  indicated  that  vortex- 
type  injectors  provide  cool  boundary  layers  on  the  chamber  wall.^^^  Heat  flux  to 
the  chasfber  wall  in  the  area  of  the  throat  were  reported  to  have  been  significantly 
reduced  over  that  of  conventional  injectors  that  provide  no  supplenenteO.  film  cooling 
to  the  wall. 


The  concentric -ring  injector  was  selected  on  the  basis  of  good  test 
results  obtained  at  Aerojet-General  Corporation  on  the  Unique  Injector  Concepts 
^ogram  (Contract  AP  04(6ll)-7Ul0)  where  concf ntric-ring  injectors  (20,00C-lb  thrust) 
produced  high  performance. 

All  of  the  injector  designs  incorporated  common  features  which  made  them 
interchangeable  with  one  another,  i.e.,  the  vortex,  pentad,  and  concentric-ring  body 
design  (that  portion  of  the  injector  consisting  of  the  injector  pattern  and  internal 
housing)  all  fit  into  the  same  injector  external  housing  design.  Ihis  greatly 
sinq>lified  the  TCA  design,  minimized  installation  problems  on  the  test  stand,  and 
substantially  reduced  the  total  cost  of  fabrication  and  testing. 

When  development  testing  commenced,  it  was  determined,  after  conducting 
several  tests  on  each  injector,  that  the  vortex  injector  had  a  greater  tendency 
toward  producing  erosion  than  did  the  concentric-ring  injector.  This  was  due  to  the 
failirre  of  the  ablative  protective  cap  resulting  from  the  severe  vortex  forces  present 
in  the  chamber.  Prom  the  limited  test  data  obtained,  however,  the  vortex  injector 
achieved  higher  performance  in  70-in.  L*  chambers  than  did  the  concentric -ring  injector 

Tl)  Vortex  Combustion,  Thiokol  ChemiceJ.  Corparation  Report,  Contract  AP  04(6ll)-5682, 
April  1962. 
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VI,  B,  Injector  Design  and  Development  (cont.) 

design,  (95lt  of  theoretical  c*  as  conqjared  with  84^  of  theoretical  c*).  Two  modifica¬ 
tions  of  the  original  vortex  Injector  design  were  made  to  eliminate  the  ablative 
covers  failure  and  the  resulting  erosion  tendency  of  this  design.  With  eeu:h  atten^t, 
protective  covers  continued  to  fall,  the  erosion  problem  remained,  and  no  Improve¬ 
ments  In  elimination  or  reduction  of  erosion  were  noted. 

In  conjunction  with  vortex  injector  modification  and  testing,  concentric- 
ring  Injector  modification  and  testing  was  taking  place.  With  each  refinement  In  the 
design  of  tie  concentric-ring  Injector,  a  noticeable  Inqprovement  In  the  erosion 
problem  occurred.  Because  of  the  high  costs  of  continuing  parallel  develoxanent  of 
the  two  Injector  designs  and  the  extra  time  required  for  this  parallel  development 
effort.  It  was  decided  to  suspend  further  design  modification  and  testing  of  the 
vortex  injector  and  concentrate  all  design  and  development  effort  on  Improving  the 
concentric-ring  injector. 

At  this  same  point  in  time,  the  overall  injector  development  effort 
was  reviewed  and  the  impact  of  injector  development  on  the  entire  program  was 
studied.  It  was  decided  that  while  maximum  effort  should  be  expended  on  the 
continued  design  refinement  of  the  concentric -ring  injector,  effort  should  be  started 
on  a  backup  injector  in  the  event  that  the  remaining  development  problems  of  the 
concentric -ring  injector  could  not  be  resolved  within  allowable  time  periods.  Several 
backup  designs  were  studied  including  the  previously  designed  pentad  injector.  A 
new  injector  concept,  the  transpiration-cooled  injector  (Figure  VI-B-6)  was  selected 
as  the  backup  design  offering  the  most  promise  (experience  on  the  Titan  II -A  Program 
with  an  injector  of  a  very  similar  design  gave  high  confidence  in  this  injector 
concept).  The  tvanspiration-cooled  injector  was  designed,  fabricated,  and  held  on 
^  standby  while  development  testing  of  the  concefttric-rlng  injector  continued.  The 
fabricated  injector  is  shown  in  Figure  VI-B-7. 
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VI,  B,  Injector  Design  and  Development  (cont.) 

Sight  design  modifications  of  the  concentrlc>rlng  Injector  were  required 
^  before  a  coaqpletely  eroslon-flree  design  was  produced.  This  satisfactory  design  was 
designated  the  Nod  VIII  concentric -ring  Injector.  As  soon  as  Nod  VIII  was  established 
as  a  quality  design  and  a  valid  base-line  performance  figure  was  available,  the 
cooled  chamber  testing  program  commenced.  All  testing  with  cooled  chaoiber  conqnnents, 
other  than  the  vortex  chtuaber  segment,  was  conducted  using  the  Nod  VIH  concentrlc- 
rlng  Injector. 

Following  the  conclusion  of  the  cooled  chainber  test  program,  the  trans¬ 
piration  cooled  Injector  was  test-evaluated.  This  Injector  performed  excellently. 
Absolutely  no  erosion  of  the  Injector  resulted  and  very  high  performance  was  obtained 
(97^  of  theoretical  c*  based  on  one  test  sample). 

In  summarizing  the  results  of  the  Injector  design  and  develorjnent  activity 
conducted  on  this  program,  the  following  conclusions  can  be  made. 

1‘.  Vortex  Injectors  present  severe  gas  recirculation  forces  and  thermal 
problems  In  the  ccMbustlon  chamber  and  on  the  Injector  fac^e.  A  transpiration-cooled 
vortex  Injector  face  might  be  the  solution  to  compensate  for  the  severe  pressure 
forces  and  thermal  conditions  encountered  with  this  design. 

2.  It  could  not  be  confirmed  that  vortex  Injectors  reduce  heat  flux 
on  the  chamber  wall  (instrumentation  techniques  used  were  unsatisfactory  to  either 
validate  or  Invalidate  any  claimed  reduction  In  heat  flux) . 

3.  Additional  development  testing  of  vortex  injectors  is  required 
before  the  full  potentleQ.  of  this  concept  can  be  evaluated. 
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VI,  B,  Injector  Design  and  Develoiaent  (cont«) 

4.  Vortex  Injectors  appear  to  give  higher  perfomance  than  concentric- 
ring  Injectors  in  chaaibers  of  the  same  L*. 

Concentric-ring  injectors  require  large  L*  in  order  to  obtain  high 
perforaance  (l#s  of  100  in.  gave  931^  of  theoretical  c*  when  injectors  were  face-cooled 
with  of  total  oxidizer  flow). 

6.  C6ncentrlc-rlng  injectors  produce  chamber  pressure  oscillations  of 
approximately  10](  of  P^. 

7«  Porous-face  cooling  provides  a  satisfactory  solution  to  injector 
face  erosion. 

8.  Ablative  materials  are  not  satisfactory  as  an  injector  face  protection 

device. 

9*  The  transpiration-cooled  injector  design  gives  very  high  performance 
(973^  of  theoretical  c*  at  100  in.  L*,  based  on  a  one  test  sample). 

10.  Combustion  stability  of  the  treuasplratlon  cooled  injector  is  fax 
superior  to  that  of  the  concentric-ring  or  vortex  injectors. 

11.  The  transpiration-cooled  injector  operates  relatively  very  cool  and 
is  free  from  erosion. 

12. .  Any  future  thrust  chamber  work  at  high  pressure  using  liquid-liquid 
NgOj^/AeroZINE  ^0  propellants  should  strongly  consider  use  of  a  transpiration-cooled 
injector  design  slniilar  to  the  concept  designed  and  development  tested  in  this  program. 
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VI,  B,  Injector  Design  and  Developaent  (ccmt.) 

In  the  following  subsections,  each  of  the  four  Injector  designs  Is 
discussed.  A  design  description  Is  given  for  the  pentad  Injector,  whereas  both 
design  description  and  development  testing  experience  are  given  for  the  vortex, 
concentric -ring,  and  transpiration-cooled  injector  designs. 

1.  Pentad  Injector 

The  pentad  Injector  design  Is  shown  In  Figure  VI-B-1.  The  pattern 
features  four  oxidizer  orifices  Inqplnglng  on  a  central  fuel  orifice.  Propellant 
mixing  depends  upon  forced  liquid  Impingement  of  large  streams  of  propellant,  and 
high  performance  Is  dependent  upon  maximum  recirculation  of  combusting  gases. 

The  pentad  Injector  design  was  carried  only  to  design  layout  stage. 
It  was  considered  a  backup  Injector  only,  and  would  be  fabricated  only  In  the  event 
other  Injectors  could  not  be  developed.  The  eventual  success  of  the  concentrlc-rlng 
Injector  eliminated  the  need  for  any  further  design  activity  for  the  pentad  Injector. 

For  a  discussion  of  development  testing  conducted  on  a  similar 
pentad  Injector  design,  reference  Is  given  to  the  final  report  of  the  Unique  Injector 
Concepts  Program,  Aerojet-General  Corporation,  Contract  AF  04(6ll)-74l0. 

2.  Vortex  Injector 

The  vortex  injector  was  one  of  two  injector  designs  initially 
selected  for  fabrication  and  development  testing  on  this  program.  The  original 
injector  design  is  shown  in  Figure  VI-B-2.  In  this  concept  the  fuel  is  injected 
tangentially  around  the  periphery  of  the  injector  at  the  chamber  diameter.  The 
oxidizer  Is  lntrod,uced  from  the  center  portion  of  the  Injectcr  and  Impinged  radlaiJy 
onto  the  tangential  fuel  stream.  The  result  Is  a  vortexlng  mixture  which  moves  In  a 
spiral  motion  down  the  chamber. 
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VI,  B,  Injector  Design  and  Development  (cont.) 

The  vortex  Injector  is  unique  In  that  It  may  provide  thrust  chamber 
wall  cooling  In  addition  to  being  the  propellant  Injection  mechanism.  The  vortexlng 
gas  stream  Is  pressed  against  the  thrust  chamber  wall  by  centrifugal  force,  and  the 
cooler  uncombusted  elements,  which  are  heavier  than  the  combustion  products,  are 
freed  to  the  outside,  providing  the  cooling.  .The  initial  report  of  this  method 
propellant  injection  and  resulting  cooling  effect  was  :  presented  .by  Thiokol 
Chemical  Corporation.  The  cooling  action  Is  especially  significant  In  the  upper 
portion  of  the  chamber,  prior  to  cooqplete  combustion.  Some  cooling  may  also  be 
provided  In  the  throat  region,  since  the  remaining  uncombusted  products  will  still 
be  to  the  outside,  whereas  In  a  conventional  system  they  are  homogeneously  mixed 
throughout  the  gas  stream. 

Three  tests  were  performed  with  the  vortex  injector.  All  tests  were 
performed  at  70-in.  L*.  Valid  steady-state  performance  data  was  obtained  in  one  test, 
in  which  951^  combustion  efficiency  was  achieved. 

The  principal  problem  encountered  with  the  vortex  injector  was  in 
maintaining  a  protective  cover  over  the  center  of  the  injector  face.  In  all  three 
tests  conducted,  the  ablative  protective  cover  was  destroyed  early  in  the  firing, 
resulting  in  severe  erosion  of  the  oxidizer  injection  ring.  The  cover  was  redesigned 
following  each  test  in  an  effort  to  prevent  failure,  but  success  was  not  achieved. 

The  protective  cover  failures  were  not  caused  by  erosion;  the  covers  failed  by 
mechanical  shock.  They  appeeired  to  be  ripped  from  their  position,  indicating  very 
great  force  is  present  in  the  center  of  the  combustion  chamber.  Similar  covers 
remained  intact  when  tested  with  the  concentric-ring  injector. 
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VI,  B,  Injector  Design  and  Development  (cont.) 

After  development  testing  of  the  vortex  injector  was  suspended,  a 
design  was  prepared  in  which  the  center  portion  was  replaced  with  a  porous, 
transpiration-cooled  section.  No  fabrication  or  testing  of  this  design  was  conducted, 
however.  The  vortex  injector  with  the  porous  cooled  ftwie  is  illustrated  in  Figure 
VI-B-5. 
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A  complete  tabulajr  suonary  of  the  design  feapires  of  all  vortex  | 

Injectors  is  presented  in  Figure  IV-B-9.  This  figure  also  summarizes  the  performance 
data  obtained  on  the  vortex  injector  design.  A  cumulative  sumnary  of  all  development  j 

testing  is  presented  in  Figure  II-A-2. 

The  following  paui-agraphs  discuss  the  detailed  design  features  and  — ' 

the  development  testing  experience  obtained  on  each  of  the  vortex  Injector  configure-  ^ 

tions .  J 


a.  Vortex  Injector  (Original  Design) 


The  original  design  vortex  injector  is  shown  in  Figure  VI-B-lj. 
In  this  design  oxidizer  is  fed  through  orificed  cylindrical  channels  and  is  then 
ejected  through  a  vertically  slotted  ring  at  a  velocity  of  109  ft/sec.  This  ring 
is  capped  by  a  thin  stainless-steel  cover  plate,  and  the  cover  plate  Is  protected 
by  an  ablative  cap  made  from  a  molded  phenolic  resin,  designated  MX4566.  The  cap 
is  secured  to  the  cover  plate  with  an  epoxy  resin. 


The  fuel  is  fed  to  a  tangentially-slotted  ring  located  on  the 
periphery  of  the  propellant  premix  chamber.  Fuel  injection  velocity  is  88  ft/sec. 
Two  injector  face  pressure  taps  are  located  in  the  bottom  of  the  propellant  premix 
chamber. 
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VI,  B,  Injector  Design  and  Development  (cont.) 

The  Injector  was  tested  during  lest  1.2-Ol-XAM-OOl.  Fosttest 
condition  of  this  injector  is  shovm  in  Figure  VI-B-6.  Severe  erosion  resulted  across 
the  injector  fhce.  Because  of  this  erosion,  a  redesign  of  the  oxidizer  circuit  was 
necessary. 

b.  Vortex  Injector  (Mod  l) 

The  Mod  1  design,  shown  in  Figure  VI-B-8,  differed  from  the 
original  design  as  follows:  The  volume  of  the  premix  chamber  was  reduced;  the  pure 
radial  injection  of  the  oxidizer  was  modified  to  have  a  radial  velocity  component 
in  the  seune  direction  as  the  fUel;  the  resultant  injection  velocity  of  the  oxidizer 
was  Increased  (the  radial  cotqonent  remained  unchanged  however);  and  the  ablative  face 
cover  was  mechanically  attached  to  the  injector  face  by  metal  fasteners. 

In  reducing  the  volume  of  the  premix  chamber,  the  oxidizer 
injection  ring  was  increased  in  diameter  and  beveled  at  the  surface  of  oxidizer 
ejection.  A  substantial  reduction  in  cross-sectional  area  of  the  premix  chamber 
resulted  from  this  change.  The  oxidizer  orifices  were  now  positioned  so  that  the 
oxidizer  strikes  the  tangentially  injected  fUel  stream  headed  in  the  same  direction 
and  at  an  In^lngement  euigle  of  ^l";  compared  to  an  li^lngement  angle  of  90**  for  the 
original  design  vortex  injector.  The  velocity  of  fuel  and  oxidizer  propellant 
injection  was  now  105  ft/sec  and  121  ft/sec,  respectfully,  as  compared  to  an  injection 
velocity  of  105  ft/sec  for  both  propellants  in  the  original  design. 

The  original  oxidizer  circuit  cover  plate  was  replaced  by  a 
solid  section  of  stainless  steal,  and  protected  by  a  1-in. -thick  ablative  cap  made 
from  a  molded  phenolic  commonly  known  as  MX4566.  This  cap  is  held  in  place  by  six 
socket  head  machine  screws  and  washers  that  are  countersunk  into  the  cap  and  pro¬ 
tected  by  ablative  plugs  fabricated  from  an  ablative  material  commonly  known  as 
Polytherm.  The  new  ablative  cover  is  shown  in  Figure  VI-B-9. 
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VI,  B,  Injector  Design  and  Develoinent  (cont.) 

c.  Vortex  Injector  (Hod  II) 

The  Mod  II  design  is  shown  in  Figures  VI>B-13  and  VI-B-lU. 

A  siunary  of  design  changes  from  the  Mod  I  design  Is  as  follows:  The  ablative 
protector  cap  covering  the  oxidizer  circuit  cover  plate  has  been  reinforced  and  more 
positively  connected  to  the  Injector  face.  The  Injector  premix  cavity  has  been  changed 
back  to  a  rectangular  configuration.  The  oxidizer  propellant  Is  Injected  through  a 
vertically  slotted  ring,  thus  giving  a  true  radial  Injection  (same  as  the  original 
design),  and  the  extra  metal  stock  below  the  oxidizer  Injection  slot  has  been  ellml~ 
nated  In  order  to  prevent  erosion  as  occurred  In  the  original  oxidizer  Injection¬ 
ring  design. 


The  oxidizer  center-plug  ablative  protective  cap  Is  now  molded 
of  and  contains  a  stainless-steel  reinforcing  plate  that  Is  Internally 

threaded  and  screws  into  the  oxidizer  center  plug  as  shown  In  Figure  VI-B-lU.  The 
ablative  protective  cap  Is  secured  in  place  by  the  threads  and  by  a  bond  of  BTV-60 
between  the  back  side  of  the  ablative  cap  and  the  oxidizer  circuit  metal  cover  plate. 

Figure  VI-B-lU  shows  that  one  of  the  Injector  face  pressure 
taps  remained  In  the  center  of  the  ablative  face  cap  and  the  other  pressure  tap  has 
been  moved  to  the  bottom  of  the  Injector  premix  chamber. 

This  Injector  was  tested  during  Test  1.2-02 -YAM-002.  The 
posttest  condition  of  the  injector  is  shown  in  Figure  VI-B-15  and  Figure  VI-B-I6. 
Severe  erosion  occurred  across  the  complete  face  of  this  Injector  even  though 
steady-state  operation  had  not  been  obtained.  The  test  was  prematurely  shut  down 
when  a  malfunction  device  sensed  the  Injector  failure. 
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VX,  B,  Injector  Design  aud  Developoent  (cont.) 

Further  development  of  the  vortex  injector  was  terminated  at 
the  conclusion  of  the  Mod  II  test.  As  previously  noted,  the  basic  reason  for  termina¬ 
tion  of  the  vortex  Injector  development  work  was  the  severe  erosion  of  the  Injector 
face.  Other  Influencing  factors  Included  (l)  the  development  effort  required  to  solve 
this  ablative  cover  failure  problem  and  resulting  erosion  could  further  delay  the 
completion  of  the  tmcooled  chamber  program  and  the  Initiation  of  cooled  thrust  chamber 
testing,  cmd  (2)  the  development  of  the  concentric -ring  Injector  which  was  being 
tested  concurrently  with  the  vortex  Injector  program  was  experiencing  considerably 
less  erosion  problems,  and  It  was  strongly  believed  that  the  erosion  problem  encountered 
with  the  concentric -ring  Injector  would  be  resolved  with  continued  Injector  design 
refinement. 


The  following  section  discusses  the  design  and  development  of 
the  concentric -ring  Injectors. 

3.  Concentric -Ring  Injector 

The  concentrlc-rlng  Injector  was  one  of  the  two  Injector  designs 
initially  selected  for  fabrication  and  development  testing  for  this  progrem.  The 
original  design  concentric -ring  injector  Is  shown  In  Figure  VI-B-3.  The  basic 
concentric -ring  injector  pattern  consists  of  a  single  slotted  annular  triplet  element, 
composed  of  Inner  and  outer  oxidizer  streams  impinging  on  an  axially  directed 
annular  fuel  stream.  The  included  angle  between  the  Intersecting  streams  of  oxidizer 
is  90".  This  basic  injection  pattern  remained  essentially  unchsmged  throughoa’t  the 
development  test  program;  however,  minor  modifications  to  the  injection  element 
design  were  made. 
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VI,  B,  Injector  Design  and  Develoiment  (cont.) 

During  the  testl/.vg  program,  two  basic  design  problems  were  manifested 
and  resolved:  (1)  erosion  of  the  element  and  (2)  erosion  of  the  Injector  face.  Ten 
modifications  to  the  original  Injector  design  were  required  (Mod  I  through  Mod  VIII 
and  Mod  VIH-A  and  B)  before  a  coii^letely  satisfactory  Injector  design  was  produced 
that  bad  no  erosion  tendencies.  Specific  problems  and  solutions  are  briefly  summar¬ 
ized  below. 


The  slotted  oxidizer  element  design  used  on  the  Inner  and  outer  ring 
on  the  original  and  Mod  I  Injector  design  proved  to  be  unsatisfactory.  In  all  tests 
conducted  with  this  type  of  oxidizer  slot  configuration,  local  erosion  surrounding 
the  slots  was  i>resent.  This  was  corrected  by  changing  to  coinplete  annul!  for  the 
oxidizer  Injection  rings.  A  typical  exaa^le  of  the  new  oxidizer  ring  configuration 
Is  shown  In  Figure  VI-B-17. 

The  graphite  pieces  used  to  protect  the  Injector  face  on  the  original 
Injector  design  cracked  and  were  destroyed  during  the  firing.  On  design  modifications 
I,  II  and  III  the  graphite  face  protecting  device  was  replaced  by  an  ablative -type 
face -protecting  device.  Ablative  materials  eOao  proved  unsatisfactory  In  protecting 
the  Injector  face.  The  erosion  of  the  ablative  material  Indicates  a  very  severe 
recirculation  pattern  exists  at  the  outer  periphery  of  the  Injector.  The  problem 
was  resolved  by  transplratlon-cooUng  the  Injector  face  with  ’^igimesh",  a 

porous  material  made  from  conqpacted  screen  wire,  was  used  as  the  face  material.  A 
typical  eifampie  of  a  concentric -ring  Injector  design  using  transpiration  face  cooling 
Is  shown  In  Figure  VI-B-17. 

The  fuel  Injection  ring  configuration  eroded  during  some  tests. 

This  problem  was  corrected  by  changing  the  fuel  ring  configuration  so  that  the 
element  was  film  cooled  by  Figure  VI-B-17  also  Illustrates  this  feature. 
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VI,  B,  Injectox'  Design  and  Developnent  (cont.) 

Of  all  the  uncooled  tests  conducted  with  the  concentric >rlng  Injector, 
only  one  was  conducted  at  less  than  100-ln.  L*.  Performance  values  for  uncooled 
chambers  using  concentrlc-rlng  Injectors  at  lOO-ln.  L*  yielded  theoretical  c*  In  the 
range  91-  to  SB^.  A  discussion  of  the  performance  obtained  with  the  concentrlc-rlng 
Injector  Is  given  In  Section  VIII,  below.  !Phls  definitely  Indicates  that  for  concentrlc- 
rlng  Injectors  of  the  type  used  with  a  storable  llguld-llguld  propellant  system  at 
high  pressures,  very  low  L*'  would  be  imsatlsfactqry. 

A  conqplete  tabular  summary  of  deslgh  features  of  all  concentrlc-rlng 
Injectors  designed  and  tested  on  this  program  Is  presented  In  Figure  VI-B-I8.  Figure 
VI-B-I8  also  sumnarlzes  the  performance  data  obtained  from  each  Injector  design.  A 
cunulatlve  sumnary  of  all  development  testing  Is  presented  In  Figure  II-A-2, 

The  following  paragraphs  discuss  the  detailed  design  features  and 
the  development  testing  experience  obtained  from  each  of  the  Injector  configurations. 

a.  Concentric -Ring  Ii’Jector  (Original  Design) 

The  original  concentrlc-rlng  Injector  design  Is  shown  In  Figure 
VI-B-5.  In  this  Injector  configuration  the  oxidizer  rings  consist  of  a  series  of 
eloxed  slots  rather  than  a  continuous  slot.  The  ribs  between  slots  were  designed  to 
help  resist  thermal  distortion  and  resulting  changes  In  slot  width  when  subjected 
to  the  severe  thermal  conditions  encountered  dvtrlng  firing.  The  fuel  ring,  however, 

Is  a  continuous  slot,  and  Is  located  midway  between  and  concentric  with  the  two 
oxidizer  rings. 


The  central  portion  of  the  Injector  face  plate  and  the  extreme 
outer  edge  are  protected  by  a  layer  of  MX5700  Insulation  covered  ATJ  graphite. 

The  MX57OO  Insulation  Is  bonded  to  the  Injector  face  while  the  graphite  Is  mechani¬ 
cally  ^attached  by  counter  Slink  machine  screws  that  are  protected  by  graphite  plugs 
as  shown  In  Figure  VI -B- 5. 
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VI,  B,  Injector  Design  and  Developoent  (cont.) 

Tvo  pressure  taps  are  located  in  the  center  of  the  Injector 
(Figure  VI-B-^) .  Pressure  taps  are  also  located  In  the  Injector  fhel  and  oxidizer 
propellant  Inlet  lines. 

This  Injector  was  tested  during  Test  1.2-01-XAM>00^.  The 
posttest  condition  of  the  original  design  concentric -ring  Injector  Is  shown  In 
Figure  VI-B-I9.  It  Is  noted  that  the  graphite  protecting  the  center  of  the  Injector 
face  was  conqpletely  destroyed.  The  graphite  protecting  the  cuter  edge  of  the  Injector 
face  was  eroded,  cracked,  and  not  capable  of  being  reflred.  As  a  result  of  this 
graphite  failure  and  the  severity  of  erosion  over  the  face  of  the  Injector  protected 
by  the  graphite.  It  was  concluded  that  the  Injector  face  protective  device  would  have 
to  be  redesigned.  It  was  decided  to  replace  the  graphite  by  an  ablatJSre  center  cap 
and  an  ablative  circumferential  ring.  It  was  also  concluded  that  the  basic  concept 
of  propellant  Injection  and  Impingement  was  satisfactory  and  would  remain  unchanged. 

b.  Concentric -Ring  Injector  (Mod  l) 

The  Mod  I  design,  shown  In  Figure  VI-B-20,  Is  Identical  to  the 
original  design,  with  the  exception  that  an  ablative  cap  Is  now  mechanically  attached 
to  the  center  face  portion  of  the  Injector  (replacing  the  formerly  used  graphite  disc), 
and  an  ablative  ring  replaces  the  segmented  graj^lte  ring  located  clrciunferentlally 
and  adjoining  the  outer  oxidizer  ring. 

The  ablative  center  cap  and  outer  oxidizer  circuit  protective 
ring  was  molded  phenolic  material  designated  MX4^66,  which  Is  mechanically  held  to 
the  Injector  face  by  countersunk  machine  screws  that  are  protected  by  Polytherm 
material. 
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VI,  B,  Injector  Design  and  Development  (cont.) 


The  Mod  I  design  was  tested  during  Test  1.2-01-YAM-008.  The 
postteet  condition  of  this  injector  is  shown  in  Figure  VI-B-21.  It  is  noted  that 
although  rated  steady-state  operation  of  this  injector  was  obtained,  severe  erosion 
occurred  over  the  injector  center  ablative  cap,  and  the  outer  ablative  injector  face 
protective  ring  failed  mechanically  over  approximately  l80“  of  its  circumference. 
Also,  all  the  support  ribs  located  on  the  inner  o:-  .dizer  orifice  slots  cracked. 


After  a  thorough  examination  of  the  test  hardware,  and  expeclally 
after  examining  the  severity  of  the  injector  face  erosion,  it  was  concluded  that  a 
redesign  of  the  oxidizer  circuit  and  a  better  method  of  protecting  the  injector  face 
were  required. 


c.  Concentric -Ring  Injector  (Mod  II) 

The  Mod  II  design,  shown  in  Figures  VI-B-.22  and  -23,  represents 
a  major  redesign  and  rework  of  the  Mod  I  design.  The  basic  method  of  injecting  the 
fuel  and  oxidizer  propellants  and  their  respective  flow  rates  and  ■''•elocities  remain 
unchanged.  The  redesign  of  this  injector  included  the  removal  of  the  slotted  inner 
and  outer  oxidizer  rings  and  replacing  these  rings  with  complete  concentric  annuli 
whose  slot  width  can  be  changed  externally  by  the  addition  or  removal  of  shims  as 
shown  in  Figure  VI-B-23.  The  center  of  the  injector  body  has  been  bored  and  threaded 
to  receive  a  screw  in  type  inner  oxidizer  ring,  and  the  injector  body  has  been 
machined  tc  receive  a  new  outer  oxidizer  ring  and  ring  retainer.  Also,  the  injector 
ablative  center  cap  contains  a  stainless-steel  reinforcing  plate  around  which 
ablative  material  is  molded.  This  assembly  screws  into  the  injector  oxidizer  center 
plug  and  commercial  product  RTV-60  provides  a  bond  between  the  back  side  of  the 
ablative  cap  and  the  metal  injector  face. 
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VI,  B,  Injector  Design  and  Development  (cont.) 

The  injector  face  pressure  taps  have  been  removed  from  the 
center  of  the  injector  and  relocated  within  the  outer  oxidizer  ring.  Also,  a  thermal 
carrier  coating  of  zirconium  oxide,  0.020  in.  thick,  is  applied  to  the  entire  injector 
face  to  prevent  injector  face  erosion. 

The  injector  outer  oxidizer  ring  is  protected  by  an  ablative 
cover  which  protrudes  toward  the  center  of  the  injector.  This  protective  device  is 
an  integral  part  of  the  chamber  L*  ablative  liner  (Figure  VI-B-23). 

This  injector  was  tested  during  Test  1.2-02 -YAM-001.  Rated 
steady-state  operation  was  obtained  during  this  injector  test.  Figure  VI-B-24 
shows  the  posttest  condition  of  this  injector.  Minor  erosion  occurred  r:i  the  inner 
oxidizer  ring  and  ablative  face  cover,  and  extensive  erosion  occurred  on  the  outer 
oxidizer  ring.  This  extensive  erosion  of  the  outer  oxidizer  ring  is  the  result  of 
the  failure  of  the  outer  oxidizer  ring  ablative  face  cover  (an  integral  part  of  the 
ablative  L*  segment).  Additionally,  as  a  result  of  this  localized  ablative  chamber 
liner  failure,  innerchannel  jurning  in  the  outer  oxidizer  ring  manifold  occurred 
during  this  test.  This  was  due  to  either  hot-gas  leakage  into  the  oxidizer  circuit 
through  the  pressure  tap  holes  or  inner-channel  leakage  from  the  fuel  circuit.  It 
was  noted  that  the  primary  erosion  pattern  of  previous  concentric-ring  injector 
designs  was  localized  around  the  outer  edge  of  the  inner  and  outer  oxidizer  ring, 
and  this  erosion  pattern  was  attributed  to  the  ribs  on  each  oxidizer  slot.  On  this 
design  with  the  ribs  removed,  no  such  erosion  was  present  and,  therefore,  it  was 
concluded  that  this  problem  was  resolved. 

In  order  to  render  the  concentric -ring  injector  satisfactory 
for  extended  duration  and  multiple  testing,  two  problems  had  to  be  resolved: 

(l)  innerchannel  fuel  leeikage  or  hot-gas  leakage  in  the  outer  oxidizer  ring 
manifold,  and  (2)  the  failure  of  ablative  covers  on  the  injector  center  cap  and 
outer  oxidizer  ring.  The  Mod  III  design  attempted  to  eliminate  these  problems. 
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VI,  B,  Injector  Design  and  Development  (cont.) 

d.  Concentric -Ring  Injector  (Mod  III) 

The  Mod  III  design  is  shown  in  Figure  VI-B-25.  The  Mod  III 
design  incorporated  an  ablative  center  cap  that  is  integrally  molded  to  a  metal 
reinforcing  ring  that  screws  into  t’.e  center  oxidizer  ring  and  is  flush  with  the 
inner  oxidizer  ring.  The  outer  oxidizer  ring  i*-  protected  by  an  ablative  material 
known  as  MX4566  that  is  : ‘•'^ogrally  molded  to  th  r  ring.  The  cuter  oxidizer  ring  is 
attached  to  the  Injector  body  by  2k  internal  wrer.ohing  machine  screws. 

An  0-rlng  seal  is  used  to  seal  the  joint  between  the  outer 
oxidizer  ring  and  the  Injector  body.  Also  the  two  injector  face  pressure  taps  have 
been  removed  from  the  Injector  body. 

This  injector  was  tested  during  Test  1.2-02-yAM-003.  The 
posttest  condition  of  this  injector  is  shown  in  Figure  VI-B-26.  Severe  injector 
damage  was  sustained  during  this  test.  The  inner  oxidizer  ring  ablative  protective 
cover  was  completely  intact,  but  not  in  a  refirable  condition.  The  outer  oxidizer¬ 
ring  ablative-face  protective  cover  experienced  severe  erosion  over  a  270“  section. 
Also,  wherever  this  ablative  material  was  severely  eroded,  metal  erosion  occurred  on 
the  surface  of  the  outer  oxidizer  ring. 

It  was  apparent  from  the  results  of  this  test  that  the  basic 
problems  of  injector  face  erosion  had  not  been  resolved.  Therefore,  a  new  concentric- 
ring  injector  concept  incorporating  an  injector  face  cooling  technique  was  designed, 
fabricated  and  designated  the  Mod  IV  design. 

e.  Concentric -Ring  Injector  (Mod  IV) 

The  Mod  IV  design  is  shown  in  Figure  VI-B-27.  The  basic  method 
of  injecting  the  fuel  and  oxidizer  propellants  remain  unchanged  except  a  new  face 
cooling  technique  has  been  employed.  Four  percent  of  the  total  injector  liquid 
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VI,  B,  i;  Jeotor  Design  and  Development  (eont.) 

oxidizer  flow  is  transpired  through  the  porous  (Rigimesh)  face  of  the  inner  and  outer 
oxidizer  injection  rings. 

The  center  and  outer  oxidizer  rings  have  been  redesigned  to 
permit  liquid  oxidizer  to  flow  behind  the  Rigimesh  face.  This  Rigimesh  face  is 
attached  to  the  center  oxidizer  ring  by  a  continuous  weld  around  the  periphery  of 
the  ring  and  by  12  countersunk  screws  spaced  uniformly  about  the  Rigimesh  face.  The 
outer  oxidizer  ring  Rigimesh  face  is  attached  by  a  continuous  weld  on  its  inner  and 
outer  diameter  surface.  The  slot  width  of  both  the  inner  and  outer  oxidizer  rings 
is  controlled  by  shims  between  these  rings  and  the  injector  body. 

The  cavity  surrounding  the  fuel  injection  slot  is  protected  by 
a  thermal -barrier  coating  (zirconium  oxide)  approximately  0.020-in.  thick. 

This  injector  was  tested  during  Test  1.2-02-yAM-004.  Figure 
VI-E-28  shows  that  minor  erosion  occurred  on  the  inner  oxidizer  ring  Rigimesh  face, 
and  extensive  erosion  occixrred  on  the  face  of  the  outer  oxidizer  ring.  Also,  the 
weld  securing  the  outer  edge  of  the  oxidizer-ring  Rigimesh  face  failed  over  an 
approximate  90"  sector.  The  fuel  injection  ring  incurred  severe  erosion;  the  character¬ 
istics  of  this  erosion  were  identical  to  those  of  the  fuel-ring  erosion  that  occurred 
on  the  Mod  III  injector.  It  was  concluded  that  the  most  probable  cause  of  this 
fuel-ring  erosion  was  due  to  a  new  hoc-gas  recirculation  pattern  set  up  by  the  Mod  IV 
pattern  design. 


After  a  thorough  examination  of  the  injector  face  erosion 
pattern,  it  was  concluded  that  an  insufficient  amount  of  oxidizer  propellant  was 
used  to  cool  the  porous  injector  face.  Therefore,  tie  Mod  V  design  injector  was 
revised  to  increase  the  percentage  of  total  oxidizer  flow  for  face  cooling. 
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VI,  3,  Injector  Design  and  Development  (cont.) 

f.  Concentric -Ring  Injector  (Mod  V) 

The  Mod  V  design  is  shovm  in  Figures  VI-B-29  -30.  This  is 

also  a  Rigimesh  face-cooled  injector  design,  and  is  very  similar  to  the  Mod  IV  design. 
The  principal  differences  are:  (l)  The  quantity  of  oxidizer  face  cooling  has  been 
increased  by  a  factor  of  k  (from  slightly  less  than  kffi  to  slightly  more  than  l6^  of 
the  total  oxidizer  weight  flow  to  the  injector) .  (2)  Tiie  fuel  injection  ring  con¬ 

figuration  has  been  extended  beyond  the  face  of  the  injector  as  shown  in  Figure  VI-B-30. 
This  permits  the  injected  oxidizer  to  film-cool  the  fuel  ring  and  possibly  eliminate  a 
hot -gas  recirculation  path. 

The  outer  oxidizer  ring  Rigimesh  face  is  secured  to  the  ring 
body  by  countersunk  stainless -steel  screws  and  a  continuous  weld  on  the  inner  and 
outer  edge  of  this  ring.  The  center  oxidizer  "screws  in"  ring  is  retained  within 
the  injector  body  by  a  norimetallic  tapered  jam  key.  All  the  countersunk  screws  used 
to  secure  the  Rigimesh  to  the  injector  face  are  tack-welded  to  the  Rigimesh  to  prevent 
the  possibility  of  its  coming  loose  during  testing. 

No  thermal  barrier  coating  was  applied  to  the  injection  area 
of  the  fuel  or  oxidizer  injection  ring  of  the  Mod  V  design.  The  oxidizer-injection 
slot  widths  have  been  decreased  in  order  to  maintain  the  same  momentum  ratio  and  to 
adjust  for  the  reduced  flow  through  the  main  oxidizer  injection  slots  as  a  result 
of  the  increased  oxidizer  used  for  Rigimesh  faci..  cooling. 

Also  installed  on  the  fuel  and  oxidizer  inlet  side  of  the 
injector  manifold  are  Kistler  701  high-frequency  transducers. 

This  injector  was  tested  during  Test  1.2-02-yAM-006,  and 
steady-state  pressure  operation  was  obtained. 
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VI,  B,  Injector  Design  and  Development  (cont.) 

Figure  VI-B-31  shows  the  posttest  condition  of  this  injector. 

The  only  damage  sustained  by  the  injector  occurred  on  the  outer  oxidizer  ring.  The 
erosion  was  probably  due  to  the  lack  of  a  sufficient  quantity  of  oxidizer  coolant 
sweeping  over  the  outer  weld  on  the  oxidizer  ting,  thus  causing  hot  gases  to 
recirculate  over  this  outer  weld  and  eroding  this  weld  area. 

By  increasing  the  flow  rate  of  liquid  oxidizer  coolant  through 
the  Rigimesh  injector  face  from  Ib/sec  in  the  Mod  IV  design  to  l6  Ib/sec  for  the 
Mod  V  design,  all  injector  face  erosion  was  eliminated.  Also,  no  erosion  or 
discoloration  occurred  on  the.  fuel  injection  ring.  It  was  concluded  that  by  extena'.ac 
the  fuel  injection  ring  beyond  the  injector  face  film  coding  the  fuel  ring,  ard 
eliminating  a  possible  path  for  hot  gas  recirculation,  the  fuel-ring  erosion  problem 
was  resolved. 


The  method  of  locking  the  inner  oxidizer  ring  with  a  non- 
metallic  jeim  key  proved  to  be  inadequate  and  the  inner  oxidizer  ring  loosened  during 
this  test. 


The  Mod  VI  injector  design  attempted  to  resolve  the  outer 
oxidizer  ring  weld  erosion  problem  and  provide  positive  locking  for  the  inner  oxidizer 
ring. 


g.  Concentric-Ring  Injector  (Mod  Vl) 

The  Mod  VI  design  is  shown  in  Figure  VI-B-32  .  The  basic 
changes  in  the  Mod  VI  design  as  compared  with  the  Mod  V  concentric -ring  injector 
design  include  the  following;  The  weld  securing  the  Rigimesh  to  the  outer  oxidizer 
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VI,  B,  Injector  Design  and  Development  (cont,) 

ring  was  changed  to  an  intermittent  weld,  thus  allowing  oxidizer  coolant  to  flow 
over  and  cool  the  intermittent  welds  and  the  adjacent  area.  The  intermittent  velde 
were  used  to  minimize  the  deflection  of  the  Rigimesh  face  between  the  countersunk 
face  support  screws.  The  number  of  countersunk  stainless-steel  screws  used  to  support 
the  outer  oxidizer  ring  Rigimesh  face  was  increased  from  l6  to  32. 

The  oxidizer  coolant  flow  that  transpires  through  the  outer 
Rigimesh  ring  was  increased  by  approximately  3  Ib/sec.  This  increase  in  coolant 
flow  necessitated  the  reduction  of  the  slot  width  of  the  outer  oxidizer  ring  from 
0.03*l'  to  0.032  in.  in  order  to  retain  the  same  propellant  injection  velocity. 

The  locking  device  for  the  "screw  in"  inner  oxidizer  ring  was 
changed  to  a  soft  aluminum  wedge  ..hat  is  jammed  into  a  locking  position. 

The  Mod  VI  design  was  tested  during  Test  1.2 -02 -YAM-007, 
and  steady-state  operation  was  obtained.  The  posttest  condition  of  this  injector 
is  shown  in  Figure  VI-B-33*  The  only  damage  sustained  by  this  injector  occurred 
on  the  outer  oxidizer  ring  in  the  area  of  the  intermittent  welds  and  on  the  bolt 
circle  that  secures  the  outer  oxidizer  ring  to  the  injector  body.  The  erosion 
occurred  over  two  separate  areas  spaced  approximately  l80°  apart.  Outer  oxidizer -ring 
erosion  was  attributed  to  severe  hot-gas  recirculation  patterns  (radial  openings 
occurred  between  the  Rigimesh  and  the  outer  oxidizer  ring,  causing  oxidizer  to  spray 
out  of  the  openings  and  onto  the  hot  interface  surface  adjacent  to  the  ablative 
chamber  and  injector  face. 

The  inner  oxidizer  ring  was  found  to  be  loose,  indicating  the 
locking  device  had  not  given  positive  locking. 
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h.  Concentric -Ring  Injector  (Mod  VIl) 

The  Mod  VII  design  is  shovm  in  Figure  VI-B-3^.  The  basic 
external  change  is  in  the  outer  oxidizer  ring.  The  design  of  the  outer  oxidizer 
Rigimesh  ring  is  oriented  45®  with  respect  to  the  normal  injector  face  in  an  atten^jt 
to  minimize  the  recirculation  of  the  combustion  gases  and  eliminate  erosion  tendencies 
in  the  outer  edge  of  this  outer  oxidizer  ring. 

Approximately  50^  more  oxidizer  is  transpired  through  the  outer 
Rigimesh  ring  as  compared  with  the  Mod  VI  design. 

The  inner  oxidizer  ring  plug  is  welded  to  the  injector  body 
on  the  back  side,  therefore  eliminating  the  wedge-lock  method  of  securing  this  plug 
within  the  injector  body. 

Two  tests  were  conducted  with  the  Mod  VII  design.  The  first 
test  of  0.3  sec  steady-state  .pressure  operation  was  a  completely  satisfactory  test. 

No  erosion  was  present.  To  confirm  that  the  erosion  problem  had  been  eliminated, 
a  second  test  was  conducted  with  the  same  test  hardware  at  an  extended  duration  of 
approximately  1.0  sec  steady-state  chamber  pressure.  Erosion  of  the  outer  oxidizer 
ring  occurred  on  this  test. 

The  posttest  condition  of  this  injector  is  shown  on  Figure 
VI -B-  35.  Erosion  occurred  over  a  48®  sector  of  the  outer  oxidizer  ring  Rigimesh 
retraining  section.  It  was  noted  that  the  ablative  chamber  liner  failed  in  the 
identical  area  in  which  erosion  ccc\irred  on  the  outer  oxidizer  ring.  It  was 
concluded  that  injector  failure  was  preempted  by  the  ablative  chamber  liner  failure, 
which  in  turn  permitted  a  severe  hot-gas  recirculation  pattern  around  the  edge  oi 
the  outer  oxidizer  ring  and  caused  erosion  of  the  ring. 
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Fabrication  of  a  Ifcid  VIII  design  was  nearing  conqpletion,  and 
was  the  next  design  tested.  It  was  planned  to  continue  work  on  the  Mod  VII  design 
if  the  Mod  VIII  did  not  prove  satisfactory. 

i.  Concentric -Ring  Injector  (Mod  VIII) 

The  Mod  VIII  design  is  shown  in  Figure  VI-B-36.  This  design 
retains  the  flat  face  outer  oxidizer  ring  (similar  to  the  Mod  VI  design)  but  has 
120  small-diameter  (O.O25  in.)  holes  located  around  the  periphery  of  the  ring 
to  provide  a  \miform  sheet  of  coolant  to  the  thrust  chamber  wall.  The  film  coolant 
ejected  from  the  outer  oxidizer  ring  impinges  on  a  stainless-steel  ring  that  acts 
as  a  splash  plate  and  is  located  at  the  upper  edge  of  the  ablative  L*  chamber  liner 
as  shown  in  Figure  VI-B-37.  This  design  directs  liquid  oxidizer  film  coolant  to  an 
area  where  erosion  has  been  a  continuing  problem  on  the  past  several  injector  designs. 

The  inner  oxidizer  ring  and  the  fuel  ring  design  remained 
unchanged,  and  are  identical  to  the  Mod  VII  design.  The  outer  Rigimesh  ring  is 
attached  to  the  outer  oxidizer  ring  by  intermittent  welds  on  both  inner  and  outer 
edges  and  by  32  countersunk  screws. 

The  total  oxidizer  flow  rate  through  the  outer  oxidizer  ring 
for  the  Mod  VIII  design  is  approximately  17.5  Ib/sec,  (5.5  Ib/sec  less  than  the  total 
oxidizer  flow  rate  through  the  outer  oxidizer  ring  for  the  Mod  VII  design) . 

A  0.4  sec  steady-state  pressure  duration  test  was  conducted 
on  this  design.  The  posttest  condition  of  the  Mod  VIII  design  is  shown  in 
Figure  VI-B-38.  No  injector  erosion  was  experienced  during  this  test.  The  only 
problem  with  this  injector  was  the  mechanical  failure  of  the  weld  securing 
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VI,  B,  Injector  Design  and  Development  (cont.) 

the  inner  oxidizer  ring  Rigimesh.  This  weld  failed  over  its  entire  length,  euid  it 
was  concluded  that  insufficient  weld  penetration  of  the  Rigimesh  was  the  cause  of 
this  failure.  Also  9056  of  the  tack  welds  securing  countersunk  screws  on  the  Rigimesh 
face  cracked. 


The  minor  injector  structural  problems  remaining  on  the  Mod  VIII 
concentric-ring  injector- were  to  be  resolyed  on  the  Mod  VIII-A  design. 

j.  Concentric -Ring  Injector  (Mod  VIII-A) 

The  Mod  VIII-A  design  (Figure  VI-B-39)  is  a  minor  rework  of 
the  original  Mod  VIII  design.  The  inner  oxidizer  ring  Rigimesh  face  was  removed 
and  new  Rigimesh  face  was  installed  and  mechanically  attached  to  the  center  oxidizer 
ring  by  28  countersunk  stainless -steel  screws.  This  center  oxidizer  ring  Rigimesh 
face  could  not  be  reattached  by  welding  because  it  would  distort  the  oxidizer  slot 
width  euad  give  a  nonuniform  propellant  distribution.  The  countersunk  screws  securing 
this  Rigimesh  face  sure  double-tack-welded  to  prevent  loosening. 

The  rework  of  the  outer  oxidizer  ring  included  the  following: 
Each  of  the  Rigimesh  face  attachment  screws  is  welded  in  place  from  the  back  side  of 
the  outer  oxidizer  ring,  therefore  eliminating  the  tack  welds  previously  used  on  the 
head  of  these  screws.  Also,  a  multipass  intermittent  groove  weld  is  used  at  32 
attachment  points  to  secure  the  Rigimesh  to  the  outer  oxidizer  ring. 

This  injector  was  tested  during  three  tests:  Tests  1.2-03- 
yAM-012,  -0l4,  and  -015 .  This  injector  remained  in  a  "like  new"  condition  with  no 
cracks,  ero';ion,  or  severe  discoloration  evident  upon  completion  of  the  first  two 
tests.  On  the  third  test,  minor  injector  dameige  was  sustained,  as  shown  in  Figure 
VI-B-**0.  The  center  oxidizer  ring  Rigimesh  face  became  partially  detached  from  the 
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injector  face,  and  27  of  its  28  mounting  screws  were  broken.  A  close  examination  of 
the  center  plug  revealed  peening  marks  on  the  center  plug  Rigimesh  face  seating 
surface.  Because  of  these  marks  and  the  fact  that  some  of  the  failed  screws  did  not 
"neck  down"  as  in  a  typical  tensile  type  of  failure,  it  was  concluded  that  the 
Rigimesh  face  vibrations  caused  fatigue  failure  of  several  of  the  screws  and  the 
increased  load  on  the  remaining  screws  caused  total  failure  of  the  Rigimesh  face. 

To  eliminate  the  remaining  mechanical  problems  encountered  with 
the  Mod  VIII-A  design,  a  minor  redesign  of  the  inner  and  outer  oxidizer  rings  was 
incorporated  and  designated  the  Mod  VIII-B  design. 

k.  Concentric  Ring  Injector  (Mod  VIII-B) 

The  Mod  VIII-B  design  is  shown  in  Figure  VI-B-hl.  This  design 
differs  from  the  Mod  VIII-A  design  only  in  mechanical  improvements  that  have  been 
incorporated  into  a  new  inner  and  outer  oxidizer  ring. 

The  outer  oxidizer  ring  has  also  undergone  several  minor 
mechanical  changes.  The  diameters  of  the  inner  and  outer  countersunk  screw  circle 
have  been  changed  to  improve  the  mechanics^,  support  of  the  Rigimesh  face.  All 
flat -head  countersunk  screws  are  backed  up  with  bushings,  and  are  welded  in  place 
from  the  back  side  of  the  outer  oxidizer  ring.  A  continuous  multipass  weld  is 
used  to  secure  the  inner  diameter  surface  of  the  Rigimesh  ring  to  the  parent  material. 
The  outer  diameter  surface  of  this  Rigimesh  ring  is  retained  by  intermittent  multi¬ 
pass  welds.  The  film  cooling  holes  and  the  method  of  lockwiring  thp  outer  oxidizer 
ring  retaining  bolts  are  identical  to  those  of  the  Mod  VIII-A  desigis. 

Inspection  of  the  Mod  VIII-B  injector  after  its  first  test 
indicated  the  injector  was  completely  free  of  erosion  and  no  structural  failures  were 
present.  With  each  succeeding  test  conducted,  erosion-free  operation  and  absence 


Page  VI-31 


CONFIDENTIAL 


CMFIIQITML 

Book-  One 

VI,  B,  Injector  Design  and  Development  (cont.) 

of  structural  problems  were  noted.  Concentric -ring  injector  development  had  been 
con^leted.  The  cooled  chamber  testing  program  would  now  commence  and  cooling 
techniques  couM  be  evaluated.  In  the  covirse  of  conducting  the  cooled  chamber  program, 
the  Mod  VIII- B  design  was  tested  on  Tests  1.2-02-'IAM-021  through  -O36. 

The  posttest  condition  of  this  injector  upon  conclusion  of  the 
above  test  series  is  shown  in  Figure  VI-B-U2.  The  Mod  VIII- B  injector  was  subjected 
to  a  total  of  12  full-duration  tests  and  for  a  total  cumulative  test  duration  of 
36.7  sec.  At  the  con^jletion  of  this  test  series,  it  was  concluded  that  the  Mod  VIII -P 
design  was  in  excellent  condition  and  capable  of  additional  testing. 

A  con5)lete  set  of  detailed  fabrication  drawings  of  the  Mod  VIII -B 
injector  design  aare  presented  in  Figure  VI-B-*»3. 

!<•.  Transpiration-Cooled  Injector 

a.  Design,  Fabrication,  and  Testing 

The  transpiration-cooled  injector  was  fabricated  as  a  backup 
assembly  for  the  concentric-ring  injector.  It  was  planned  to  replace  the  concentric 
ring  with  the  transpiration-cooled  injector  in  the  event  that  the  continuing  erosion 
problems  on  the  concentric-ring  injector  could  not  be  resolved.  As  noted  in  the 
previous  section,  with  continued  design  refinement,  the  erosion  problems  on  the 
concentric -ring  injectors  were  eliminated. 

An  uncooled  thrust  chamber  containing  the  transpiration-cooled 
injector  was  fabricated  and  held  as  a  standby  unit  during  the  uncooled  and  cooled 
chamber  test  program.  At  the  conclusion  of  the  cooled  chamber  test  program, 
remaining  funds  permitted  the  testing  of  the  transpiration-cooled  injector  design. 


Page  VI-32 


CUNFIDENTIAL 


CONFIDENTIAL 

Book  One 

VI,  B,  Injector  Design  and  Development  (cont.) 

The  transpiration-cooled  injector  incorporates  8U  evenly  spaced 
fuel  spray  nozzles  in  a  flat  porous  (Rigimesh)  injector  face.  All  fuel  is  passed 
throu^  these  8U  spray  nozzles.  All  of  the  oxidizer  jjasses  throu^  the  Rigimesh  face 
emd  mixes  with  the  fuel  spray  without  any  discrete  impingement  pattern.  The 
injector  hydraulic  schematic  is  shown  in  Figure  VI-B-46.  A  photograph  of  the 
completed  injector  is  shown  in  Figure  VI-B-7. 

The  injector  was  designed  for  a  fuel  flow  rate  of  57  Ih/sec, 
or  0.679  Ib/sec  per  spray  nozzle.  At  this  flow  rate  the  fuel  circuit  design  pressure 
drop  is  188  psia.  Figure  VI-B-44  illustrates  a  water  flow  test  of  one  of  these  spray 
nozzles  at  the  equivalent  fuel  design  flow  rate.  The  water  (or  fuel)  is  atomized 
into  a  fine  sijray,  and  therefore  provides  a  large  total  surface  area  for  excellent 
mixing  with  the  oxidizer.  Figure  VI-B-45  illustrates  a  water  flow  test  of  the  entire 
fuel  circuit  at  the  equivalent  fuel  design  flow  rate.  Note  the  excellent  distri- 
but ion  of  the  fuel  spray. 

A  total  flow  rate  of  ll4  Ib/sec  of  oxidizer  passes  through 
the  Rigimesh  face.  At  this  flow  rate  the  oxidizer  circuit  design  pressure  drop  is 
222  psia.  The  porosity  of  the  injector  face  is  uniform,  and  thus  provides  a  uniform 
oxidizer  injection  density  of  2.0  Ib/sec/in.  .  Figure  VI-B-46  illustrates  a  water 
flow  test  of  the  oxidizer  circuit  at  the  equivalent  oxidizer  design  flow  rate.  Both 
fuel  and  oxidizer  circuits  are  shown  flowing  simultaneously  in  Figure  VI  -B-47. 

Uie  uniform  and  fine  distribution  of  the  fuel  and  the  complete 
and  uniform  distribution  of  the  oxidizer  across  the  injector  face  were  planned  to 
provide  an  injector  with  a  wide  area  of  propellant  mixing  and  a  resultant  maximum 
energy  release.  It  was  known  from  injector  design  and  development  experience  on 
other  programs  that  a  wide  area  of  maximum  energy  release  inroduces  stable  combustion. 
In  addition,  by  passing  oxidizer  through  the  porous  injector  face,  complete  face 
cooling  was  assured. 
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VI,  B,  Injector  Design  and  Development  (cont.) 

The  basic  transpiration-cooled  injector  design  concept  was 
patterned  after  an  injector  design  used  on  the  Aerojet -General  Titan  II -A  Program, 
Contract  AF  0i^(696)-212.  The  Titan  II-A  design  used  ^2^14.  Alumizine  as  pro¬ 
pellants.  The  Alumizine  was  ejected  through  showerhead  orifices,  whereas  the  oxidizer 
transpired  throng  the  porous  face.  The  Titan  II-A  injector  consistently  gave  high 
performance  and  was  erosion-free.  Good  combustion  dynamics  was  also  a  feature  of  this 
injector.  One  problem  encountered  with  the  injector,  however,  was  the  tendency  for 
the  porous  injector  face  to  plug  with  small  foreign  particles  (lO  to  50  microns  and 
larger),  resulting  in  variable  hydraulic  resistance  of  the  oxidizer  circuit.  This, 
in  tiim,  caused  diffic\ilty  in  controlling  the  desired  injector  mixture  ratio.  With 
the  design  of  the  High  Chamber  Presstire  Program  transpiration- cooled  injector,  where 
a  greater  porosity  injector  face  was  used  (approximately  2.5  more  porous  them  the 
Titan  II-A  injector  design),  it  was  believed  that  with  mild  precaution  for  cleanli¬ 
ness  and  the  use  of  filtered  water  and  propellants,  plugging  of  the  porous  face 
would  not  present  a  problem.  With  the  limited  hydraulics  testing  and  engine  testing 
subsequently  conducted  on  this  injector,  no  plugging  of  the  porous  material  was 
detected. 


With  high  confidence  in  this  new  injector  from  a  performance, 
stability  and  erosion-free  operation  standpoint,  two  test  firings  were  conducted, 

?;‘ests  1.2-02-IAM-037  and  -O38.  Both  tests  provided  excellent  injector  evaliiaticn 
data.  The  first  test  of  this  injector.  Test  1.2-02-XAM-037,  2.58-sec  duration,  was 
valid.  There  was  no  injector  lace  erosion  as  can  be  seen  by  Figure  VI-B-48,  a 
posttest  photograph  of  the  injector.  Although  this  test  gave  an  indication  of  perform¬ 
ance  and  stability  characteristics  of  this  injk-otor,  it  failed  to  give  truly  accurate 
and  reliable  data  because  the  ablative  throat  insert  failed  early  in  the  test,  and, 
consequently,  no  uniform  chamber  contour  or  chamber  throat  area  was  present  during 
the  steady-state  portion  of  the  test.  Steady-state  chamber  pressure  during  this 
test  was  2i;58  psia.  After  repairing  the  chamber  and  reassembling  the  TCA,  the 
second  injector  evaluation  test  was  conducted.  Test  1.2-02-YAM-038.  This  test. 
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2.10-Bec  duration  at  a  steady-">ate  chamber  pressure  of  30^0  psia,  yielded  valid  and 
complete  test  data.  High  combustion  efficiency  as  evidenced  by  a  characteristic 
exhaust  velocity  of  91.0$  of  the  theoretical  value  was  obtained,  (in  order  to  confirm 
the  validity  of  the  high-performance  data  obtained  on  this  test,  two  special  exeunina- 
tions  were  made.  A  check  was  made  to  verify  the  propellant  flow  rate  to  the  injector. 

To  confirm  these  flow  rate  values,  orifices  in  the  pump  discharge  lines  were  flow- 
calibrated  with  water  in  the  hydraulics  laboratory  after  completion  of  the  test.  These 
flow  calibrations  confirmed  the  flow  rates  data  previously  obtained  by  using  known 
injector  flow  calibration  values  (K^) .  Secondly,  the  throat  diameter  and  cheunber 
pressure  were  rechecked  and  reconfirmed.)  Excellent  combustion  stability  was  apparent 
from  the  high-frequency  transducer  data.  Mild  pressure  oscillations  (amplitudes  less 
than  2$  of  chamber  pressure  and  random  frequencies,  probably  background  eunplifier  noise) 
were  present.  Figure  IX-D-1  illustrates  a  typical  portion  of  the  combustion  stability 
records  obtained  from  this  test.  Absolutely  no  erosion  was  present  on  the  injector 
after  this  test.  Detail  performance  data  on  this  injector  is  presented  in  Figure 
II-A-2.  Detail  information  on  the  injector  and  design  features  are  presented 
in  Figure  VI-B-49.  Fabrication  drawings  are  presented  in  Figure  VI-B-50. 

b.  Conclusions  and  Recommendations 

From  the  results  of  the  two  ^ests  conducted  on  this  injeccor, 
several  conclusions  can  be  made;  (l)  the  injector  operates  very  cool  and  is  erosion 
free,  (2)  high  combustion  performance,  indicated  by  characteristic  exhaust  velocity, 
c*,  is  inherent  in  this  injector  design  (c*  =  .0$  of  theoretical  at  LOO  in.  L*, 

based  on  a  one  test  sample),  (3)  combustion  stability  is  superior  to  that  of  the 
concentric -ring  and  vortex  injector"  (chaunber  pressure  oscillation,  peak  to  peak 
were  less  than  2$  of  chamber  pressurejand  frequencies  were  random). 
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The  transpiration-cooled  injector  concept  offers  real  promise 
as  an  optimized  high  chaniber  pressure  injector  for  storable  liquid-liquid  propellants. 
It  is  strongly  recommended  that  any  future  injector  development  woric  at  high  pressure 
and  with  liquid-liquid  propellants  give  serious  consideration  to  the  use  of  the 
transpiration-cooled  injector  concept  designed  and  development-tested  on  this  program. 
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VI,  Uncooled  Thrust  Chaniber  Design  and  Development  (cont.) 

C.  UNCOOLED  C(»ffiUSTION  CHAMBERS 

1.  Introduction  and  Summary 

The  basic  purpose  for  the  uncooled  combustion  chamber,  designed 
and  development- tested  in  this  program,  was  to  provide  a  device  with  which  injectors 
could  be  test-fired,  evaluated,  developed,  and  from  which  base-line  thrust  chamber 
performan  -e  data  could  he  obtained  for  cooled  chamber  testing.  A  second  purpose  was 
to  provide  a  device  for  experimentally  determining  gas-side  heat-transfer  coefficients. 

To  accon?)lish  these  purposes  most  effectively,  a  segmented  chamber 
design  was  selected.  It  is  composed  of  a  cylindrical  segment,  a  convergent  and 
throat  segment,  and  an  exit  nozzle  segment.  These  segments  are  removable  from  one 
another.  Each  segment  is  composed  of  a  steel  pressure  vessel  and  a  chamber  liner. 
Figure  VI-B-37  illustrates  a  typical  thrust  chamber  assembly  buildup  using  an 
injector,  two  L*  segments,  a  convergent  and  throat  segment,  and  an  exit  nozzle  segment. 
Figure  VI-C-1  shows  the  uncooled  chamber  with  the  ablative  end-cover  assembly  instead 
of  the  exit  nozzle.  As  can  be  seen  from  these  figures,  most  design  features  are 
common  among  the  several  components.  Bolt  circles  are  common,  attachment  of  steel 
shells  is  accomplished  by  using  high-strength  studs  and  nuts;  seals  are  the  conical 
seal  type  (Conoseals),  and  are  used  at  eeich  interface.  Heavy-wall  construction  is 
used  because  these  components  are  all  designed  for  "workhorse"  test  conditions. 

There  was  an  alternative  design  for  the  exit-cone  segment.  A  metal 
end-plate  with  an  ablative  end-stub  closure  was  often  used  in  place  of  the  exit-cone 
segment.  Chamber  liners  sure  retained  within  the  steel  pressure  vessels  by  the  end 
plate  or  the  exit  cone.  These  con^jonents  €u:e  of  smaller  inside  diameter  than  the  L* 
segments  and  convergent  and  throat  segments,  and  provide  a  locking  effect  on  the 
chamber  liners  when  assembled  in  a  complete  thrust  chamber  assembly. 
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The  segmented  chamber  design  permits  simple  removal  of  Injector 
assemblies,  easy  replacement  of  chamber  liner  materials,  L*  variation  capability, 
and  maximum  utilization  of  test  heurdvare.  Numerous  fabrication  and  assemibly  benefits 
were  also  features  of  this  segmented  construction  concept.  Attachment  of  instrumenta¬ 
tion  probes  to  bosses  machined  in  the  steel  pressure  vessels  of  each  segment  permitted 
the  gathering  of  heat- transfer  data.  (Uncooled-heat-transfer  discussions  6ure  presented 
in  Section  V.) 


The  uncooled  combustion  chamber  was  designed  to  operate  at  chamber 
pressTures  up  to  ^000  psia  and  for  test  durations  up  to  ^  sec  of  steady  state  operation. 

The  initial  chamber  designs  used  graphite  chamber  liners  that  were 
recommended  from  the  material  investigation  study.  Graphite  was  selected  primarily 
because  of  its  high-temperature  properties.  Ablative  materials  were  not  considered 
initially  because  the  "gassing  off"  effect  of  ablating  resins  was  thou^t  to  seriously 
affect  the  s«:curacy  of  temperature  measurement  taken  on  the  chamber  liner  wall.  Later 
in  the  development  testing  program,  however,  it  was  found  necessary  to  use  ablative 
chamber  liners  to  resolve  continuing  chamber  liner  problems  inherent  in  the  graphite 
liner  design.  Section  VI, A, 3  discusses  the  chamber  liner  materials  investigation. 

In  summarizing  the  results  of  the  uncooled  combustion  chamber  design 
and  development  activity  conducted  on  this  program,  the  following  conclusions  can 
be  made. 


1.  Of  the  numerous  types  of  uncoated  graphite  material  used 
for  chamber  liners,  i.e.,  ATJ,  ZTA,  pyrolytic,  and  others,  none  proved  satisfactory. 
Cracking,  erosion,  and  general  destx'uction  of  the  graphite  occm'red  on  every  test 
where  used. 


2.  Coating  of  graphite  liners  for  improved  oxidation  resistance 
of  the  graphite  proved  unsatisfswtory.  Silicon  carbide,  tantalum  carbide,  and  zeronium 
oxide  were  used  as  protective  coatings.  None  of  these  coatings  were  intact  after  a 
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single  short-duration  test.  Difference  in  thermal  expansion  coefficients  of  the 
coating  material  and  the  basic  graphite  parent  material  was  Identified  as  the  major 
reason  for  coating  failure  (cracking)  and  subsequent  graphite  erosion.  Failure  of 
the  basic  graphite  by  cracking  was  also  evident  in  all  tests  where  coated  graphite 
was  used. 


3.  Failure  of  graphite  chamber  liners  by  oxidation  and  thermal 
and  mechanical  shock  makes  accurate  measurement  of  thrust  chamber  performance  extremely 
difficult  and  prevents  obtaining  any  reliable  chamber  temperature  or  heat-transfer 
data. 


U.  Ablative  materials  make  excellent  chamber  liners  because 
they  are  well  suited  for  short-duration  hlgh-chamber-pressure  testing  with  storable 
propellants.  Of  three  ablative  materials  tested  on  this  program  (MX  4566,  I50  RFD, 
and  phenolic-resin-impregnated  graphite  cloth)  MX  4566,  a  silicon-impregnated  chopped 
roving,  proved  most  satisfactory.  MX  4566  was  used  most  extensively  and  had  the 
lowest  ablation  rate.  Very  limited  data  indicated  that  I50  RPD  ablates  about  20^ 
faster  than  MX  4566  under  identical  test  conditions.  A  resin-impregnated  graphite 
cloth  throat  insert  was  found  to  abl'^te  nearly  3  times  faster  than  an  MX  4566  throat 
insert. 


5.  Ablative  chambers  with  removable  throat  inserts  are  less 
costly  and  require  less  repair  (turn-around)  time  than  integral  ablative  chamber 
inserts.  Throat  areas  are  subjected  to  the  most  severe  ablation,  and  replaceable 
throat  inserts  permit  continued  reuse  of  other  chamber  liner  material,  i.e., 
cylindrical,  convergent,  euid  divergent  nozzle  sections. 

6.  Experience  indicates  that  a  step-joint  design  at  all 
ablative  Joints  is  far  superior  to  butt-type  Joints.  Ablation  and  gas  leakage  is 
considerably  reduced  by  using  a  step-joint  design. 
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7.  Excellent  sealers  and  fillers  are  available  for  use  at 
All  ablative  Joints.  RTV  60)  a  silicon  rubber  compound,  has  been  found  to  be  an 
excellent  gas  sealant  at  all  ablative-to-ablative  and  abla;ive-to-metal  Joints. 

Zinc  chrcxnate  putty  was  extensively  used  as  a  filler  at  the  Joint  of  the  ablative 
liner  to  the  injector  assembly. 

In  the  subsections  that  follow,  chamber  liner,  throat  insert,  and 
exit  nozzle  materials  development  is  discussed.  This  is  the  area  where  major  develop¬ 
ment  effort  was  expended  on  the  uncooled  combustion  chambers.  Mechanical  design 
details  of  the  workhorse  pressure  vessels  are  not  discussed  except  in  those  cases 
where  development  work  was  required. 

2.  Development  of  Chamber  Liner  Materials 
a.  Graphite  Chamber  Liners 

A  materials  investigation  was  conducted  early  in  uncooled  thrust 
chamber  programs  to  select  a  chamber  liner  material  that  would  offer  good  heat-sink 
and  heat-transfer  capacities  and  thermal  shock  resistance,  and  would  provide  a  good 
medium  in  which  to  measure  wall  temperature.  The  conclusion  of  this  materials 
investigation  was  that  graphite  offered  the  advsmtages  of  a  high  upper-temperature 
limit  (5000°?)  and  would  withstand  the  thermal  and  mechanical  shocks  of  test  firings 
and  the  chemical  environment  within  the  thrust  chamber. 

Tt  was  also  determined  that  graphite  would  react  with  the 
water  formed  in  the  combustion  products  of  NgOi^/AeroZINE  50,  but  the  degree  of 
reaction  was  not  known.  Graphite  was  selected  as  the  chamber  liner  material. 

It  was  planned  to  pursue  tF'two-phase  approach  in  using  graphite  as  a  chamber  liner. 

The  first  approach  was  to  evaluate  various  types  of  uncoated  graphite;  the  second 
was  to  evaluate  coated  graphite  liners  which  would  have  improved  oxidation  resist¬ 
ance  over  uncoated  graphite. 
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The  basic  graphite-lined  thrust  chamber  configuration  used 
in  the  imcooled  comoustlon  chamber  is  shown  in  Figure  VI-C-1.  This  chamber  contains 
two  major  chamber  segments:  the  L*  segment,  and  convergent  and  throat  segment.  Each 
component  is  individually  loaded  with  graphite  and  then  assembled  into  the  complete 
thrust  chamber  configuration. 

The  thrust  chamber  graphite  liner  consists  of  thz‘ee  individual 
120°  graphite  sectors  that  are  premachined  to  the  thrust  chamber  contour  and  then 
assembled,  with  C-9  cement  used  as  a  binding  agent,  into  a  continuous  graphite  ring. 

The  graphite  ring  is  then  wrapped  with  MX  5700  (a  phenolic-impregnated  asbestos  felt), 
and  is  finished-machined  for  an  interference  x'it  into  the  steel  chamber  pressure 
vessels.  The  ablative  wrap . surrounding  the  graphite  chamber  liner  provides  a  hot-gas 
seal  between  the  graphite  and  the  stainless- steel  chamber  pressure  vessel.  The  radial 
expansion  of  the  graphite  liner  is  pit)vided  for  by  sectoring  the  graphite  liner  or 
"precracking”  as  shown  in  Figure  VI-C-2. 

(l)  Uncoated  Chamber  Graphite  Liner  Material  Evaluation 

ATJ  and  ZTA.  types  of  imcoated  commercial  graphite  were 
used  in  the  graphite-lined  thrust  chamber  configurations.  The  ATJ  graphite  was  used 
in  the  L*  segment  and  the  convergent  segment.  The  ZTA  graphite  was  used  in  chamber 
convergent  section  only  because  it  offered  considerably  better  erosion  v^haracteristics 
than  ATJ  graphite.  (The  cost  of  ZTA  is  approximately  10-times  greater  than  ATJ  graphite.) 
ZTA  and  ATJ  graphites  were  also  used  €ifi_thsoat ^Insert  materials;  this  is  discussed  in 
Section  VI, C, 3. 

The  above  types  of  graphite  were  used  extensively  in  the 
thrust  chamber  configurations  up  to  and  including  Test  1.2-01-YAM-009.  Figure  VI-C-3 
illustrates  a  typical  graphite  liner  failure.  Note  that  the  graphite  120°  sectors 
are  severely  cracked  and  eroded.  The  most  severe  erosion  occurred  along  axial  glue 
lines.  In  an  atten^t  to  reduce  the  erosion  Euid  cracking,  some  chamber  graphite  liner 
segments  were  assembled  with  all  the  glue  lines  aligned  as  shown  in  Figure  VI-C-2. 

\ 
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Aligning  of  the  glue  lines  slie^tly  reduced  but  in  no  way  elisdnated  the  cracking 
of  the  graphite  liners.  Figure  VI-C-U  shows  the  posttest  condition  of  a  ZIA-lined 
convergent  section  and  an  ATJ-iJned  throat.  It  is  noted  that  extensive  erosion 
and  cracking  of  the  graphite  liner  occurred,  and  this  convergent  and  throat  segment 
is  not  in  a  refirable  condition.  It  was  concluded  on  completion  of  Test  1.2>01>IAM>009 
that  uncoated  graphite,  regardless  of  type,  configuration,  or  its  physical  location 
within  the  thrust  chamber  contour,  cannot  survive  the  thrust  chamber  chonical  environ- 
ment  or  thexmal  and  mechanical  shock  when  subjected  to  operating  characteristics  of 
N20j^/AeroZINE  90  propellants  at  a  combustion  chamber  pressure  of  approximately  3000 
psia.  Similar  conclusions  were  reached  concurrently  about  coated- type  graphite. 

The  coated- type  graphite  material  evaluation  is  presented  in  the  next  section. 

(2)  Coated  Chamber  Graphite  Liner  Material  Evaluation 

As  previously  discussed,  the  analytical  results  of  the 
uncooled  materials  investigation  concluded  that  graphite  material,  when  used  as  a 
chamber  liner  in  a  stozable  propellant  (N20^/AeroZINE  90)  atmosphere,  would  react 
with  water  formed  in  the  combustion  products.  The  degree  of  reaction,  however, 
was  not  known.  It  was  decided  that  protective  coating  materials  should  be  investi¬ 
gated  for  their  service  ah  a  protective  boundary  between  the  conbustion  gases  and 
the  graphite  chanber  liner.  Three  coating  materials  (silicon  carbide,  tantalum 
ccurbide,  and  zirconium  oxide)  were  applied  to  individual  graphite  120°  L*  sections. 
These  sectors  were  located  within  the  chanber  L*  segment  as  shown  in  Figure  VI -C -2. 
Figure  VI-C-9  shows  the  posttest  condition  of  the  L*  segment  with  coated  graphite. 

It  is  noted  that  approximately  of  the  silicon  carbide  coating  and  30^  of  the 
zirconium  oxide  coating  remained,  but  the  tantalum  carbide  coating  eroded  completely 
from  the  graphite  liner  segment.  Additional  testing  of  coated  graphite  yielded 
results  similar  to  that  shown  in  Figure  VI-C-9. 
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It  was  coDclxtded  after  a  thorough  evaluation  of  these 
graphite  liner  coatings,  that  If  It  were  possible  for  the  coating  to  remain 
attached  to  the  graphite  liner  and  not  crack  atnd  then  erode  away,  the  coating 
would  protect  the  graphite  from  the  combustion  products.  The  major  problem  was 
the  fact  that  the  difference  In  thermal  expansion  between  the  coating  and  the 
basic  graphite  material  causes  cracks  to  develop  In  the  coating  and  exposes  the 
graphite  base  to  oxidation  during  testing.  It  was  further  concluded  that  It  Is 
uneconomical  and  Impractical  to  coat  graphite  liners  operating  In  a  stoiable 
propellant  (N20]^/^roZI]!IE  ^O)  atmosphere. 

As  was  the  case  with  uncoated  graphite.  It  soon  became 
evident  that  a  graphite -lined  thrust  chamber,  regardless  of  the  type  of  graphite 
used.  Its  orientation  within  the  thrust  chamber,  and  whether  It  Is  coated  or 
uncoated.  Is  not  capable  of  operating,  even  for  short  duration.  In  the  environment 
produced  by  hlgh-chamber-pressure  rocket  engines  with  storable  propellants. 

b.  Ablative  Chamber  Liners 

Thfe  use  of  ablative  material  as  uncooled  combustion  chamber 
liners  not  only  solved  the  erosion  and  complete-liner-failure  problems  experienced 
with  graphite,  but  also  provided  refire  capability. 

The  following  discussion  covers  in  detail  the  design, 
development,  and  test  experience  of  the  ablative  uncooled  combustion  chamber. 

(l)  Ablative  Chamber  Liner  Design  and  Development 

The  one  similarity  that  exists  between  the  design  of 
ablative-  and  graphite-lined  thrust  chamber  assemblies  is  the  basic  thrust  cheunber 
contour.  The  ablative  combustion  chamber  design  concept  (Figure  VI-B-37)  incorpor¬ 
ates  a  minimum  of  chamber  liner  joints,  thus  reducing  the  potential  problem  of 
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hot-gas  leakage.  L*  segments,  convergent  segments,  and  throat  inserts  are  separate 
and  independent  ablative  segm«its.  Ihe  throat  insert.,  discussed  in  Section  VI,C,3» 
extends  into  the  ablative  exit  nozzle.  The  technique  of  using  an  independent  throat 
insert  requires  a  minimum  of  chaad)er  rework  time  and  expen.ie  in  the  event  that  throat 
replacement  is  required. 


The  ablative  chanber  design  also  incorporates  an  ablative 
stepped  spacer  between  the  segment  and  the  convergent  section,  shown  in  Figure 

VI-B-37.  This  stepped  spacer  design  provides  cu  efficient  hot-gas  seal  that  was 
used  extensively  throTighout  the  uncooled  and  cooled  thrust  chamber  test  program,  in 
which  ablative  thrust  chamber  components  were  used. 

All  Joints  between  the  chamber  ablative  liner  components 
are  sealed  by  the  application  of  RTV-60  silicone  rubber.  The  interface  between  the 
metal  injector  and  the  ablative  L*  liner  uses  zinc  chromate  putty  as  a  Joint  filler 
and  sealer  medium. 


(2)  Ablative  Materials  Investigation 

Although  it  was  not  the  objective  of  the  uncooled  thrust 
chamber  program  to  investigate  ablative  chamber  liner  materials,  it  was  concluded 
after  the  first  ablative-lined,  \mcooled  thrust  chamber  test  that  ablative  material 
should  be  used  in  all  succeeding  vuicooled  chambers.  Three  types  of  ablative 
materials  were  used  in  the  ablative  chamber  coni iguratlons  and  subjected  to  full- 
duration  tests.  These  included  MX  4566  (silicone-impregnated  chopped  roving), 

150  RH)  (phenolic-impregnated  chopped  asbestos),  and  phenolic-resin-impregnated 
graphite  cloth.  The  following  brief  discussion  covers  a  description  and  evaluation 
of  MX  4566  and  150  RED.  Graphite  cloth  was  used  only  as  a  throat  insert  material 
and  therefore  is  discussed  in  Section  VI,C,3. 


Page  VI-44 


Book  One 


VI,  C,  IMccoled  Conibustion  Chanbers  (cont.) 

(a)  MX  U566  (Silicone  lapregnated  Chopped  Roving) 

This  ablative  material  is  a  silicone- isqnregnated 
chopped  roving  that  is  coopression-nolded  into  the  required  chanber  configuration. 
Figure  VI-C-6  shows  an  MX  U366- lined  60-in.  L*  segment  in  its  prefire  condition. 

The  MX  4366  material  was  used  extensively  as  a  basic  ablative  chamber  liner  material 
throu^iout  the  uncooled  thrust  chamber  assena}lies.  It  had  the  lowest  erosion  rate 
of  either  the  I50  RH)  (phenollc-ioq>regnated  asbestos)  or  graphite- tDq>regnated  cloth. 
It  was  evident  from  posttest  condition,  shown  in  Figure  VI-C-7,  that  this  ablative 
material  did  not  experience  any  detrimental  effects  fjrom  either  thexmal  or  mechanical 
shock. 


(h)  130  RFD  (Phenolic  Impregnated  Asbestos) 

150  RFD  is  a  phenolic- iiiq>regnated  chotpped  asbestos 
that  is  coqpresbion-molded  into  the  required  chaober  configurations.  This  ablative 
material  was  used  only  in  the  60-ln.  L*  segment;  the  posttest  condition  of  this 
liner  material  is  shown  in  Figure  VI-C-8.  It  is  noted  that  ablative  liner  material 
separation  occurred  in  the  center  of  this  chamber.  This  separation  is  due  primarily 
to  the  preforming  technique  used  in  fabricating  the  liner  and  not  to  failure  of  the 
phenolic- Impregnated  asbestos  materiel.  The  erosion  rate  of  the  1^0  RFD  lined 
100-in.  L*  segment  was  approximately  20^  greater  than  of  the  same  chamber  lined  with 
MX  k366  vinder  identical  thrust  chamber  test  conditions. 

(3)  Test  Experience 

In  the  first  ablative- lined  uncooled  thrust  chamber 
tests  which  used  the  ablative  exit  cone,  hot-gas  leaks  developed  at  the  joint 
between  the  L*  segment  liner  and  the  convergent  ttooat  segment  and  at  the  butt- 
joint  between  the  throat  segment  and  the  ablative  exit  cone.  In  order  to  eliminate 
hot-gas  leaks  at  each  ablative  joint,  all  individual  chamber  ablative  liners  were 
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redesigned  to  incorporate  a  "step-joint,”  shown  in  Figure  VI-B-37*  On  coopletlon 
of  the  above  modification,  the  ablative-lined  thrust  chamber  assemblies  performed 
exceptloially  well  throughout  this  program.  No  further  hot-gas  leakage  occurred. 
Six  valid  tests  totaling  16.1BI  sec  were  performed  on  one  MK  4^66-lined  60-in.  L* 
segment. 


3.  Uncooled  Throat  Insert 


The  throat  area  of  any  thrust  chamber  is  subjected  to  the  most 
severe  erosive  environment  of  any  portion  of  the  thrust  chamber.  The  chamber  wall 
construction  in  this  area  causes  a  corresponding  increase  in  hot-gas  velocity  and 
a  decrease  in  the  thickness  of  the  gas  boundary  layer  adjacent  to  the  wall.  The 
greatest  mass  flow  per  unit  of  surface  area  exists  in  the  chamber  throat,  tending 
to  increase  chemical  eroslcm  of  the  throat.  In  addition,  the  decreeised  boundary 
layer  thickness  Increases  the  heat- transfer  rate  hnd,  therefore,  increases  the 
rate  of  thermal  deco!q>osltlon  at  the  throat.  Solid  particles  in  the  hotrgas  stream 
cosmonly  cause  extensive  mechanical  damage  or  erosion  in  the  thropjk^’l&ea,  whereas 
the  cylindrical  section  and  large-diameter  converging  sectlona'^  the  thrust  chamber 
are  relatively  unaffected. 

The  preceding  three  mechanisms  Illustrate  why  the  uncooled  thrust 
chamber  throat  offered  the  most  severe  erosive  environment  of  any  portion  of  the 
uncooled  thrust  chamber.  The  following  paragraphs  describe  the  evaluation  of 
materials  and  methods  used  to  create  an  uncooled  throat  insert  capable  of  with¬ 
standing  hot  storable  propellEuit  gases  at  30OO  psla  chamber  pressure. 

a.  Graphite 

Pressed  carbon  and  pyrolytic  graphite  were  used  as  throat 
insert  materials  during  the  course  of  the  test  program.  Graphite  cloth  was  also 
used  as  a  throat  Insert,  but  it  is  discussed  under  ablative  materials  since  it  was 
held  together  .with  a  phenolic  binder. 
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(l)  Pressed  Carbon 

ZIA  and  ATJ  graphite  were  used  to  construct  the  throat 
Inserts  tested  on  the  vortex  Injector  -thrust  chaiia>er  (Test  1.2-Ol-IAM-OOl)  and 
the  concentric>rlng  thrust  chasiber  (Test  1.2-Ol-IAM-OO^).  Both  of  these  throat 
inserts  used  three  120”  graphite  segments  to  form  the  throat  insert.  The  thxoat 
insert  pieces  were  ceaiented  together  with  C-9  cement,  and  then  cemented  to  the 
coovergent  section,  wrapped  with  MX  9700  ablative  material,  and  cured  and  machined 
to  fit  the  pressure  vessel.  Ihroat  insert  materials  suid  convergent  section  materials 
were  evaluated  Jointly  in  these  tests.  A  butt-joint  existed  between  the  graphite 
liner  and  ablative  end-plate. 

Figure  VI -C-9  is  a  posttest  photograph  showing  the  ZTA 
convergent  segment  and  ATJ  throat  Insesrt.  The  staggered  glue  lines  can  be  seen 
along  with  the  extension  of  those  lines  into  the  middle  of  the  adjacent  carbon 
pieces.  The  carbon  block  glue  lines  were  weak  spots  and  promoted  failure  in  the 
body  of  the  next  row  of  blocks. 

T**  reduce  failure  of  the  adjacent  carbon  blocks  on  the 
convergent  segment  and  throat  insert  on  the  next  buildup,  the  glue  lines  were 
aligned  along  the  eixis  of  the  thrust  chamber  and  retested  along  with  the  concentric- 
ring  injector  (Test  1.2-01-YAM-0C)8) .  However,  as  shown  in  Figure  VI-C-U,  the 
construction  was  still  unsatisfactory.  Segmented  graphite  appeared  to  be  too 
weak  structurally  to  support  the  stresses  induced  by  uncooled  chamber  testing,  and 
the  system  was  abandoned. 


The  next  throat  insert  development  involved  the  use  of 
a  monolithic  piece  of  ZTA  graphite  in  combination  with  a  convergent  section  of 
phenolic -impregnated  fiber  glass.  This  construction  was  tested  along  with  the 
vortex  L*  thrust  chamber  (Test  1.2-01- YAM-OlO).  Figure  VI-C-10  shows  the  result 
of  this  firing.  Again,  the  graphite  throat  insert  failed  mechanically.  This  was 
the  last  test-firing  with  any  kind  of  solid  graphite  material. 
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(2)  ^rroly^lc  Graphite 

^rrolytlc  graphite  ia  a  aaterlal  noraally  produced  by 
deposltlem  into  flat  plates  trem.  vapor  and  possessing  unique  physical  properties. 

It  is  an  excellent  theraal  conductor,  hut  only  conducts  well  parallel  to  the  plane 
of  deposition.  It  also  possesses  excellent  qualities  as  a  heat-sink  naterial. 
pyrolytic  graphite  has  the  hipest  stirength  of  any  known  aaterial  at  teaperatures 
above  3000*F,  and  it  is  about  ten-tines  stronger  than  tungsten  at  3000*F.  Although 
it  has  good  ductility  at  higher  teaperatures,  it  is  quite  brittle  at  low  tesperatures. 

The  pyrolytic  throat  Insert  used  an  this  program  was 
constructed  of  0.250- in. -thick  wafers,  cemented  together  with  C-9  cercnt  and  encased 
in  graphite  Impregnated  felt.  Ibe  construction  is  illustrated  in  Figure  VI-C-U. 

For  econosqr*  the  pyrolytic  graphite  throat  insert  was  contained  in  an  outer  cylinder 
of  ASJ  graphite. 


This  throat  insert  was  tested  in  conjunction  with  a 
convergent  section  of  staggered  ATJ  graphite  blocks  and  the  Nod  I  vortex  injector 
(Test  I.2-OI-IAM-OO6).  The  graphite  wafers  fedled  mechanically  during  this  test. 
Figure  VI-C-12  is  a  posttest  photograph  of  this  failed  throat  Insert.  Ihe  difference 
in  diameter  between  the  ATJ  graphite  blocks  and  the  pyrolytic  graphite  wafers  is 
the  result  of  the  loss  of  the  pyrolytic  wafers  in  between  the  two  points. 

An  identical  pyrolytic  throat  insert  was  tested  together 
with  a  phenolic-iopregnated  fiber-glass- lined  chamber  and  convergoit  section 
(Test  1. 2-01- YAM-009) •  Figure  VI-C-13  is  a  photograph  illustrating  the  results  of 
this  test.  As  before,  the  pyrolytic  wafers  failed  mechanically  and  were  ejected 
through  the  throat  and  end  plate.  The  aid  plate  was  also  damaged.  Further  testing 
of  pyrolytic  graphite  throat  inserts  was  abandoned. 
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VI)  C)  Ifticooled  Cooibustion  Chandlers  (cont.) 

b.  Ablative  Matericil 

All  but  ohe  of  the  ablative  throat  inserts  were  fabricated 
from  phenolic-isqpregnated  chopped  fiber-glass  fabric,  which  was  a  phenolic- 
iqsregnated  edge-grain  graphite-cloth  throat  insert. 

(1)  Glass-Cloth-Phenolic 

All  glass-phenolic  molded  pieces  were  fabricated  from 
MX  4^66)  a  formulation  of  the  Fiberite  Co.  The  segmented  construction  is  illustrated 
in  Figure  VI-C-14.  The  size  and  shape  of  the  segments  were  selected  so  that  currently 
available  molded  pieces  of  the  ablative  material  could  be  used.  All  segment  Joints 
and  the  outside  cylinder-pressure  vessel  Joint  were  sealed  with  BTV-60  silicone 
rubber  sealer.  RTV-60  sealer  was  con?>letely  successful  in  preventing  hot-gas  leaks 
in  the  throat  area  as  well  as  in  the  ronalnder  of  the  thrust  chamber. 

The  outside  diameter  of  the  throat  insert  was  of  a  size 
that  could  be  molded  in  Aerojet  presses  and  dies.  This  permitted  eabj  replacement 
of  the  throat  inserts.  The  design  of  the  throat  insert  piece  differed  from  the 
design  of  the  graphite  throats  in  that  there  were  no  seams  at  the  throat  Itself. 
Iniptead)  the  ablative  throat  insert  was  machined  with  a  smooth,  continuous  contour 
from  the  convergent  cone  to  the  divergent  exit  cone  or  end  plate.  The  prefire 
condition  of  a  typical  unit  is  shown  in  Figure  VI-C-I5.  The  success  of  this  method 
of  construction  is  seen  in  a  posttest  photograph.  Figure  VI-C-I6.  A  single  convergent 
and  throat  segment  and  exit  cone  of  this  construction  was  tested  five  times  wlthbut 
failure.  All  throat  development  work  was  discontinued  at  this  point. 

(2)  Graphite  Cloth-Phenolic 

One  throat  insert  was  fabricated  from  phenolic-impregnated 
graphite  cloth  because  it  was  the  only  material  available  at  the  time.  The  billet  of 
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VI,  C,  IMcooled  Conibustlon  Chsoibers  (cont.) 

material  vas  made  of  graphite  cloth  laid  down  normal  to  the  centerline  of  the  molded 
cylinder..  This  produced  a  throat  insert  wherein  the  layers  of  graphite  cloth  were 
perpendicular  to  the  direction  of  hot-gas  flow. 

The  Insert  performed  satisfactorily  as  evidenced  in 
Figure  VI-C-17,  but  the  throat  diameter  increased  at  about  three  times  the  rate  of 
the  ablative  throat  inserts.  The  graphite-cloth  throat  insert  eroded  radially  at 
the  rate  of  0.22k  In./sec,  %diereas  the  phenolic-inpregnated  glass-cloth  inserts 
eroded  radially  at  an  average  rate  of  0.082  in. /sec.  The  above  data  is  a  resizlt  of 
short-duration  testing  and  is  not  Intended  to  represent  loiiger-duratlon  ablation 
rates. 


4.  Uncooled  Thrust  Chamber  Exit  Nozzle 


Two  thrust  chamber  exit  nozzles  were  designed,  fabricated,  and 
tested  in  the  imcooled  thrust  chamber  program.  These  consisted  of  an  ablative 
Old-closure  assembly  and  an  ablative  exit  cone.  The  end-closure  assembly  was 
designed  to  be  an  ineiqpensive  stub  closure;  it  provided  the  functions  of  retaining 
the  ablative  throat  and  protecting  the  metal  plate  retainer  from  the  hot  combustion 
gases.  The  ablative  exit  cone  was  designed  to  have  the  identical  nozzle  contour 
of  the  regenerative  cooled  expansion  nozzle,  a  component  of  the  cooled  chamber 
program.  The  exit  cone  thereby  provided  a  means  of  directly  comparing  uncooled 
and  cooled  thrust  chamber  performance,  in  addition  to  providing  the  functions  of 
the  ablative  end-closure  assembly. 

Brief  design  descriptions  for  each  of  the  exit  nozzle  configurations 
are  given  in  Sections  VI,C,4,a  and  b  below.  A  summary  of  the  test  experience  is 
discussed  in  Section  VI,C,4,c. 
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a.  Ablative  End-Closure  Assembly 

The  end-closure  asseoibly  is  shown  installed  on  the  TCA  in 
Figure  VI-C-I8.  It  consists  of  an  end-plate.  Figure  VI-C-I9,  and  an  ablative 
protective  cover.  Figure  VI-C-20.  The  cover  is  mecL.ailcally  attached  to  the  end 
plate  by  twelve  countersrink  machine  screws.  A  comnercial  product,  silicon  rubber, 
RrV-60,  is  used  as  a  hot-gas  seeOant  between  the  ablative  cover  and  the  end-plate. 
The  protective  cover  is  coaqpresslon-fflolded  into  its  finished  configuration.  It 
is  made  from  MX  4^66  material,  a  chopped  high  silica  woven  roving  impregnated  with 
a  phenolic  resin. 


When  used  in  conjunction  with  the  ablative  throat,  the  end- 
closure  provides  a  thrust  chamber  expansion  ratio  of  4.5, 

.  I 

b.  Ablative  Exit  Cone 

The  ablative  exit  cone  is  shown  in  Figures  VI-C-21  and  VI-C-22. 
It  consists  of  a  conical  ablative  liner  contained  in  a  steel  shell  and  retained  by 
a  metal  ring  on  the  aft  end.  The  liner  contour  is  identicsil  to  that  of  the  regen- 
eratively  cooled  expansion  nozzle,  which  is  a  35**  half -angle  cone  extending  to  an 
area  ratio  of  21. 3.  The  liner  is  fabricated  from  a  phenolic-impregnated  tape, 

MX  2600,  This  tape  is  wound  at  a  20"  angle  to  the  longitudinal  axis  of  the  exit 
cone  and  molded  to  the  required  nozzle  contour. 

c.  Test  Experience 

In  the  first  vincooled  thrust  chamber  test,  which  used  the 
ablative  exit  cone,  a  hot-gas  leak  developed  at  the  butt-type  joint  between  the 
throat  segment  and  the  ablative  exit  cone  liner.  The  ablative  throat  and  exit 
cone  liners  were  subsequently  redesigned  to  provide  a  step-joint.  This  redesign, 
shown  in  Figure  VI-C-14,  provided  an  ablative  throat  insert,  extending  beyond  the 
throat,  which  blended  into  the  contour  of  the  ablative  exit  cone. 
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Following  this  one  modification,  both  ablative  exit  nozzle 
configurations  performed  satisfactorily  throughout  the  program.  Three  valid  tests 
totaling  7»5  sec  were  accumulated  using  the  end-closure  assembly;  nine  tests 
totaling  19.^  sec  were  performed  with  the  exit  cone  assembly.  No  replacement  of 
the  exit  cone  ablative  liner  was  ever  necessary  during  the  program. 

From  the  results  of  the  development  test  program  and  supporting 
studies,  the  following  conclusions  can  be  made  for  cooling  systems  of  high-chamber- 
pressure  engines: 

(1)  Regenerative  cooling  with  either  oxidizer  (N20]^)  of  fuel 
(AeroZINE  50),  supplemented  by  film-cooling  and/or  a  thermal-barrier  coating,  is 
feasible  for  cooling  high-chamber-pressure  engines.  In  this  program,  the  cylindrical 
portion  of  the  chamber  was  fuel-cooled  and  the  expansion  nozzle  was  oxidizer-cooled. 
ibq)erimental  heat-transfer  laboratory  tests  (not  performed  as  part  of  this  program) 
show  that  supercritical  NgO^  is  superior  to  AeroZINE  50  as  a  regenerative  coolant; 
hence,  less  supplemental  film  coolant  is  required.  On  this  basis,  oxidizer  regener¬ 
ative  cooling,  with  supplemental  oxidizer  film  cooling,  is  the  recommended  system. 

(2)  A  high-chamber-pressure  engine  can  be  cooled  entirely  by 
film-cooling  the  thrust  chamber  walls  with  oxidizer.  However,  for  the  design 
configuration  tested  in  this  program,  the  performance  loss  associated  with  the 
amount  of  film-cooling  required  to  maintain  the  walls  at  an  acceptable  temperature 
level  is  too  great  to  result  in  a  practical  cooling  system.  However,  the  performance 
and  heat-trauisfer  models  derived  from  the  test  data  of  this  configuration  show  that 
if  the  number  of  injection  points  could  be  substantially  increased  (approaching 
transportation  cooling),  the  coolant  flow  rate  could  be  reduced  to  a  level  commen¬ 
surate  with  a  very  high  performance  level.  Cuch  a  configuration  is  currently  being 
pursued  at  Aerojet  \inder  Contract  AF  04(6ll)-10830  "Advanced  Rocket  Engine,  Storable. 
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(3)  Recent  developments  with  themal-beurrier  coatings,  in 
combination  with degenerative  and  film  cooling,  now  make  this  approach  feasible. 

A  new  tungsten-ba^ed  coating  was  successfully  tested  in  this  program,  but  only  in 
short-duration  te?ts.  There  may  be  a  coi!^>ariblliuy  problem  with  this  coating  when 
used  in  conjunction  with  oxidizer  film  cooling;  therefore  additional  testing  at 
extended  durations  must  be  made  before  firm  conclusions  can  be  made. 

(4)  Vortex  cooling^  wherein  all  propellants  are  tangentially 
injected  onto  the  combustion  chamber  wall,'  shows  potential  as  a  combination  high- 
performance  injector-cooling  system.  However,  the  test  experience  with  this  concept 
was  very  limited,  and  further  development  testing  is  required  before  any  conclusions 
can  be  drawn. 
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Figure  VI-A-5 


ATJ  niroat  Skin  Temperature  vs  Time 


Pyrolytic  Throat  Skin  Temperature  vs  Time 
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Pentad  Injector  Design  (u) 
Figure  VI-B-1 
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Concentric  Ring  Injector  Design  (u) 
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Vortex  Injector  (u) 
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Concentric  Ring  Injector  ( 


Figure  VI-B-5 
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Transpik'ation-cooled  Injector  Design  (u) 
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Mod  1  Vortex  Injector,  Pretest  Condition 


Figure  VI-B-II 


Vortex  Injector,  Posttest  Condi 
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Figure  VI-B-13 


Mod  2  Vortex  Injector,  Pretest  Condition 
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Mod  2  Vortex  Injector,  Closeup  View,  Posttest  Condition 

Figure  VI-B-16 
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Figure  VI-B-17 


Improved  Concentric  Ring  Injector 
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Figure  VI-B-18 
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Vortex  Injector  Design  Data  Suasaary  (u) 
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Figure  VI-B-19 


Concentric  Ring  Injector,  Original  Design,  Posttest  Condition 
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Mod  1  Concentric  Ring  Injector,  Pretest  Condition 
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Mod  1  Concentric  Ring  Injector,  Posttest  Condition 

Figure  VI-B-21 
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Mod  2  Concentric  Ring  Injector,  Posttest  Condition 


Mod  3  Concentric  Ring  Injector,  Pretest  Condition 


Mod  IV  Concentric  Ring 
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Figure  VI -13- 29 


Mod  V  Concentric  Ring  Injector,  Pretest  Condition 
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Mod  V  Concentric  Ring  Injector,  Posttest  Condition 

Figure  VI-B-31 
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Mod  VII  Concentric  Ring  Injector,  Pretest  Condition 
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Pigure  VI-B-35 


Mod  VII  Concentric  Ring  Injector,  Posttest  Condition 
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VIII  Coiv;entric  Ring  Injector,  Prefire  Condi ti 


Uncooled  TCA  Design  with  Mod  VIII  Concentric  Ring  Injector 
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Figure  VI-B-38 
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Figure  VI-B-39 
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Figure  Vl-H-40 
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Figure  VI-B-41 
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Figure  VI-B-42 
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Figure  VI-B-43,  Sheet  2  o'  5 
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Mod  VIII  B  Concentric  Ring  Injector 
Figure  VI-B-43,  Sheet  3  of  5 


Mod  VIII  B  Concentric  Ring  Injector 
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Water  Flow  Test  of  Fuel  Spray  Nozzle 
Figure  VI-B-44 


Figure  VI-B-45 


Water  Flow  Test  of  Transpiration-cooled  Injector,  Oxidizer  Circuit  Only 
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Hif^ure  VI-B-47 


Water  Test  of  Transpiration-cooled  Injec;or.  Fuel 
Oxidizer  Circuits  Flowing  at  Rated  Coalitions 
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Transpiration-cooled  Injector,  Posttest  Condition 
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Figure  VI-B-50,  Sheet  2  of  2 
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Graphite-lined  Convergent  ^and  Throat  Segment,  Posttest  Condition 
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Figure  VI -C- 5 
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L*  Segment  Lined  with  MX  4566  Ablative  Material.  Pretest  Condition 
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MX  4566  Ablativr  L*  Segment,  Posttest  Condition 
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Ablative  Convergent  Section  with  ZTA  Graphite  Throat,  Posttest  Condition 
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Pyrolytic  Graphite  Throat  Insert  Design 


Figure  VI-C-ll 
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Pyrolytic  Graphite  Throat,  Posttest  Condition 
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Ablative  Throat  Insert  Design 
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Figure  Vl-C-15 


Ablative  Convergent  and  Throat  Segment .  Pretest  Condition 


bive  Convergent  and  Throat  Segment,  Posttest  Condition 


Graphite  Cloth  Throat  Insert,  Posttest  Condition 
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Vn.  COOLED  THRUST  CHAMBER  DESIGN  AIID  DEVELOPMEMT 


Bie  basic  objective  of  the  Cooled  Chamber  Program  vas  to  investigate  thrust 
chamber  cooling  techniques  to  determine  the  best  cooling  methods  applicable'  to 
thrust  chambers  operating  at  high  chamber  pressvires.  To  achieve  this  objective, 
a  design  and  analytical  investigation  was  first  conducted  in  which  each  of  the 
prosi>ective  cooling  concepts  was  analyzed.  The  3000“P8ia  chamber  pressure; 

^,000-lb  thrust  chamber  design  was  used  as  the  model  for  the  investigation.  Some 
of  the  cooling  concepts  considered  were  eliminated  as  the  result  of  this  investigation; 
others  were  selected  for  detailed  hardweire  design  and  evaluation  by  testing.  To 
permit  simultaneous  evaluation  of  different  cooling  concepts  in  the  experimental 
test  program,  all  hai'dware  components  were  designed  as  segments  of  the  total  thrust 
chamber.  These  segments  included  the  cylindrical  portion  of  the  chamber,  the  convergent 
and  throat  section,  the  expansion  nozzle  down  to  the  area  ratio  for  optimum  expansion 
at  sea -level  and  a  high  area-ratio  skirt  extension.  The  segments  were  usable  in 
combination  with  portions  of  the  uncooled  chamber  hardware  to  permit  evaluation  of 
each  cooling  concept  by  itself,  or  in  combination  with  other  cooled  hardware  segments. 

A  schematic  showing  the  segments  Joined  together  to  form  the  total  thrust  chamber  is 
shown  in  Figure  VII -A -1. 

A  detailed  discussion  of  the  cooling  methods  inv-  ligation  is  presented  in 
Section  VII, A  below.  All  of  the  preliminary  designs  h  analytical  cooling  studies 

conducted  for  the  various  cooling  concepts  considered  a  presented  in  this  section. 

As  a  result  of  the  cooling  methods  investigation,  sper  i ic  hardware  was  designed, 
fabricated  and  tested  in  the  experimental  program.  Ercussions  for  each  of  these 
con5)onents,  including  description  of  design,  development  testing,  and  analysis  of 
the  test  results  are  presented  in  Sections  VII, B  through  VII, F.  Thrust  chamber 
performance  obtained  with  the  experimental  hardware  is  presented  as  a  consolidated 
discussion  and  is  given  in  Section  VIII. 
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VII,  Cooled  Thrust  Chamber  Design  and  Development  (cont.) 

A.  CCWLING  METHODS  INVESTIGATION 

To  determine  the  best  cooling  methods  for  high-chamber-pressure  thrust 
chambers,  studies  vere  made  of  several  cooling  concepts,  individually  and  In  variajs 
combinations.  Following  a  preliminary  investigation,  the  following  concepts  vere 
selected  for  detailed  analysis:  regenerative  cooling,  film  cooling,  transpiration 
cooling,  thermal  barrier  coatings,  high-teii;>erature  materials,  cooling  by  hot  gas, 
vortex  cooling,  and  ablative  cooling. 

1.  Regenerative  Pooling 

Regenerative  cooling  is  currently  the  most  conventional  cooling 
technique  used  in  pump-fed  liquid  rocket  engines.  Existing  engines  that  use 
NgOj^/AeroZINE  50  propellants  use  the  fuel  (AeroZINE  50)  as  the  regenerative  coolant. 

The  heat  transfer  properties  of  the  NgOj^  at  the  subcriticai  pressures  at  which  these 
engines  operate  are  relat:lvely  poor,  making  oxidizer  regenerative  cooling  unatti^tive. 
However,  in  recent  analytical  and  experimental  work  conducted  by  both  Rocketdyne  and 
Aerojet,  it  was  determined  that  supercritical  N^Or  is  a  very  good  regenerative  coolant 
because  of  the  endothermic  dissociation  of  N^O^^  at  these  pressures.  At  the  time  of 
the  cooling  methods  investigation  in  this  program,  the  heat  transfer  characteristics 
of  sui)ercritical  were  not  known;  therefore  AeroZINE  50  was  the  primary  propellant 
considered  for  cooling  the  high  heat -transfer  region  of  the  thrust  chamber.  However, 
oxidizer  regenerative  cooling  of  the  expansion  nozzle  was  considered  (and  subsequently 
selected  for  experimental  evaluation). 

A  comprehensive  study  of  regenerative  cooling  the  thrust  chamber 
with  fuel  was  performed.  Three  thrust  chamber  designs  were  analyzed:  a  thick -wall 
tube  bundle,  a  thin-wall  tube  bundle,  and  a  smooth-wall  drilled  chamber.  A  summary 
of  these  analyses  is  given  in  the  following  paragraphs.  The  results  of  these  analyses 
showed  that  regenerative  cooling  by  itself  is  not  sufficient  to  cool  a  high  chamber 
pressure  rocket  thrust  chamber;  but  it  can  be  used  in  combination  with  other  cooling 
technique,  such  as  film  cooling,  or  thermal  barrier  coatings. 
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VII,  A,  Cooling  Methods  Investigation  (cont.) 

a.  Hiick-Wall  Tube  Bundle 

Itiis  thrust  chamber,  shown  in  Figure  VII-A-2,  is  designed  so 
that  the  tubes  can  withstand  the  pressure  drop  from  the  coolant  passage  to  the  outside 
of  the  thrust  chamber  without  additional  support  required  for  the  outside  of  the  tube. 
It  is  a  double-pass  configuration,  and  has  a  characteristic  length  (L*)  of  100  in. 
AeroZZm  50  is  the  regenerative  coolant.  Ths  gas  side  of  the  tubes  is  protected  by 
a  thermal  I  ri.^r  coating. 

Wall  temperatures  were  computed  for  values  of  coating  thermal 
<-ii  nee  (t/k)  of  8o,  200,  and  UOO  in.^-sec-'F/Btu.  Values  of  the  allowable 
recovery  temperature  were  then  calculated  and  plotted  as  a  function  of  chamber  axial 
distance,  shown  in  Figure  VII -A-3.  These  curv-^i  '.ndicate  the  maximum  recovery 
temperature  which  can  be  allowed  throughout  th*>  chamber  for  each  value  of  thermal 
resistance  without  exceeding  the  assumed  limiting  temperature  conditions  of  3100'^ 
coating  surface  temperature,  1700"?  coating  tube  interface  temperature,  and  600*F 
inside  tube  wall  temperature.  Wherever  the  allowable  recovery  temv^'-Tature  is  less 
than  the  existing  gas  recovery  temperature,  the  gas  tenq>erature  in  the  chamber 
boundary  layer  must  be  reduced  by  means  of  film  cooling.  Several  methods  of 
introducing  film  coolaint  into  the  combustion  chamber  were  investigated;  AeroZINE  50 
was  used  as  the  film  coolant.  The  method  which  required  the  minimum  amount  of  film 
cooling,  while  still  maintaining  a  practical  design,  is  the  injection  ox  the  coolant 
at  four  stations  in  the  chamber,  as  shown  in  Figure  VII -A -4.  Twenty  Ib/sec,  or  35^ 
of  the  available  fuel,  is  required  for  film  cooling.  Five  Ib/sec  is  injected  in  each 
of  the  four  stations. 


b.  Thln-Wall  Tube  Bundle 

In  the  thin-wall  tube  bundle  design  (Figure  VII-A-5),  the 
tube  walls  are  designed  to  withstand  only  the  pressure  drop  from  the  inside  of  the 
tubes  to  the  Inside  of  the  combustion  chamber.  Therefore,  the  thrust  chamber  must 
have  external  reinforcing,  such  as  steel  or  aluminum  Jacket,  to  make  it  operative. 
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Vn,  A,  Cooling  Methods  Investigation  (cont.) 

It  vas  hoped  that  the  uae  of  the  thin  vails  vould  allow  significantly  higher  heat 
transfer  rates  Into  the  coolant,  thereby  redticing  the  film  cooling  flow  rate 
requirement.  However,  the  heat  transfer  analysis  showed  that  with  a  coating 
thermal  resistance  (t/k;  of  3^0  in.  -see-*F/Btu,  approximately  20  Ib/sec  of  film 
cooling  Is  still  required.  This  is  because  the  resistance  of  the  coating  Is  much 
greater  than  the  resistance  of  the  tube  wall;  therefore,  the  difference  in  tube 
wall  resistance  obtained  the  changing  tube  thickness  does  not  significantly  change 
the  overall  resistance. 


c.  Smooth-Wall  Ihrust  Chamber 

In  this  design  (Figure  VII -A -6),  the  coolant  passages  are 
drilled  in  a  stainless-steel  shell.  The  convergent -throat -divergent  contour  is 
hyperbolic  and  is  derived  by  the  generation  of  a  hyperboloid  by  straight  lines. 

This  construction  is  used  successfully  in  the  Agena  engine.  Since  the  regenerative 
passages  are  drilled,  they  are  limited  to  a  fixed  circular  area  throughout  the 
thrust  chamber.  Because  of  the  chamber  contour,  it  is  therefore  necessary  to  route 
the  coolant  passages  in  layers  around  the  throat. 

The  heat -transfer  characteristics  of  this  thrust  chamber  are 
similar  to  that  of  the  tube  bundle  thrust  chambers  described  above  and  theoretically 
require  a  similar  amount  of  film  cooling  to  maintain  proper  temperatiires  of  the 
coating  and  chamber  wall.  The  main  potential  advantage  of  this  design  is  that  more 
uniform  distribution  of  film  cooling  over  the  chamber  surface  can  be  obtained 
because  of  the  smooth  wall.  In  a  conventional  tube  bundle,  the  film  coolant  has  a 
tendency  to  flow  off  the  crowns  of  the  tubes  and  into  the  valleys  between  the  tubes- 
Another  potential  advantage  of  the  drilled  construction  is  that  it  may  be  easier 
to  maintain  a  coating  on  the  chamber  wall.  This  is  because  of  the  conparatively  rigid 
construction  of  the  inner  wall  as  compared  to  the  flexible  wall  of  the  conventional 
tube  bundle. 
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VII,  A,  Cooling  Methods  Investigation  (cont.) 

Hie  heat  transfer  analyses  performed  for  the  chambers  descriled 
above  show  that  relatively  high  film  coolant  flow  rates  are  required.  At  very  high 
pressures  a  relatively  small  amount  of  the  total  heat  is  able  to  be  absorbed  by 
regexieratlve  cooling  in  the  convergent  and  throat  section  of  the  nozzle.  It  was 
therefore  concluded  thac  in  an  advanced  high  pressure  engine,  a  cooling  technique 
other  than  regenerative  plus  film  cooling  will  result  in  the  optimum  design  for  the 
throat  region.  In  the  chamber  section,  however,  regenerative  cooling  together  with 
a  reascxiable  amount  of  film  cooling  is  adequate.  Below  the  throat  at  an  area  ratio 
of  approximately  3:1>  the  chamber  can  be  cooled  by  regenerative  cooling  alone. 

It  was  calculated  that  effective  cooling  could  be  obtained  in  this  region  using  N^Oj^ 
as  the  regenerative  coolant  (endothermic  effects  of  included).  It  was 

therefore  decided  to  evaluate  by  experimental  test  an  AeroZINE  50  cooled  chamber  L* 
segment  and  an  NgOjj^  cooled  expansion  nozzle  segment.  For  the  chamber  L*  segment,  both 
tube. and  drilled  construction  were  considered .  The  layouts  of  each  are  shown  in 
Figures  VII -A-7  and  VII -A-8,  respectively.  It  was  decided  to  use  the  smooth-wall 
concept  because  of  the  potential  advantages  cited  above.  The  detailed  design  and 
the  test  experience  are  discussed  in  Section  VII, B.  The  NgOj^  regeneratively  cooled 

expansion  nozzle  is  discussed  in  Section  VII, E, 

i 

1 

2 .  Film  Cooling 

\ 

Liquid  film-cooling  with  one  of  the  propellants  is  the  conventional 
supplemental  cooling  method  for  reducing  local  heat  fluxes  to  acceptable  levels  that 
can  be (handled  by  regenerative  cooling.  The  disadvantage  of  this  cooling  method  is 
the  thrust  chamber  peiformance  loss  produced  by  inefficient  use  of  the  propellant 
used  for  film  cooling.  The  film  coolant  flow  rate  (and  resultant  performance  loss) 
can  be  minimized  by  introducing  the  coolant  into  the  chamber  at  multiple  locations 
in  the  amounts  locally  required  (rather  than  all  frean  the  injector  face)  and  by 
maintaining  good  coolant  distribution  of  the  injected  coolant  on  the  wall  of  the 
thrust  chamber. 
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VU,  k,  Cooling  Methods  Investigation  (cont.) 

Prior  to  this  program  no  data  existed  -rfhlch  described  the  performai-c’e 
losses  associated  with  film  cooling  high-pressure  storable  propellant  thrust  chambers, 
or  the  effectiveness  of  film  cooling  for  removing  heat  from  the  chamber  wall .  In  order 
to  determine  the  effects  of  coolant  Inflection  location  and  quantity  on  coolant 
efficiencies  and  performance.  It  was  decided  to  design  and  experimentally  test  a  film 
coolant  convergent  and  throat  segment.  To  allow  maximum  flexibility  In  the  program, 
use  of  either  propellant  as  a  coolant  and  multiple  Individually  controlled  Injection 
stations  were  established  as  design  criteria.  Ihe  preliminary  design  Is  shown  In 
Figure  VII -A-9.  The  detailed  design  of  this  conponent  and  the  test  program  conducted 
on  the  resultant  hardware  are  discussed  In  Section  VII,D,  beluw. 

3.  Transpiration  Cooling 

Transpiration  cooling  Is  theoretically  the  most  efficient  form  of 
film  cooling.  In  this  technique,  the  coolant  flows  directly  through  the  chamber  wai;^, 
which  is  constructed  of  a  porous  material.  Because  the  film  is  distributed  evenly 
over  the  entire  area  to  be  cooled,  the  technique  is  extremely  efficient;  and  as  a 
result,  minimum  engine  performance  degradation  from  the  film  coolant  occurs.  The 
problems  associated  with  this  method  are  plugging  of  the  low  porosity  wall  and  vapor- 
lock  effect  caused  by  hot  spots — conditions  that  propagate  themselves  until 
failure  occurs.  At  the  time  of  the  investigation,  the  endothermic  behavior  of  the 
NgOj^  oxidizer  was  not  known.  Consequently,  was  believed  to  be  a  relatively 
poor  coolant  and  it  was  not  considered  in  this  application.  The  AeroZINE  50  i'uel 
was  not  considered  to  be  a  satisfactory  transpiration  coolant  because  of  the 
plugging  characteristics  associated  with  this  carbonacious  fuel.  On  this  basis  it  was 
decided  not  to  test  the  transpiration  cooling  concept  in  thrust  chamber  hardware  in 
this  program.  However,  based  upon  the  recent  heat -transfer  characteristics  data  for 
NgOjj^  as  well  as  new  fabrication  concepts  for  transpiration  cooled  chambers,  trans¬ 
piration  cooling  of  storable  propellant  high-pressure  rocket  engines  with  NgOj^ 
now  appears  feasible. 
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VII,  A,  Cooling  Methods  Investigation  (cont.) 

4.  Coatings 

niermal  barrier  coatings  can  be  used  to  reduce  the  heat  flux  bid 
film  cooling  requirements  of  regeneratively  cooled  thrust  chambers.  Ihe  problems 
vith  coatings  have  historically  been  the  maintaining  of  the  coating  on  the  chamber 
veil  and  the  compatibility  of  the  coating  material  vith  the  combustion  gases.  At 
the  time  of  the  cooling  concepts  methods  investigation  of  this  program,  coating 
development  vas  being  directed  toward  gradated  ceramic -type  coatings.  Pure  ceramic 
materials  have  drastically  different  coefficients  of  expansion  than  that  of  materials 
vised  for  thrust  chamber  tubes.  Because  of  this,  the  coatings  separate  from  the  chamber 
vail  and  are  destroyed  dturlng  the  engine  start  transient.  The  gradated  coatings  were 
an  attempt  to  overcome  this  problem  throu^  coating  layers  of  materials  which  had 
different  coefficients  of  expansion  to  produce  a  coating  having  a  constantly  varying 
coefficient  of  expansion  which  matched  that  of  the  parent  material  on  one  side  and 
that  of  the  ceramic  material  on  the  other. 

Coatings  of  this  type  were  evaluated  in  laboratory  tests  for  applica¬ 
tion  to  the  regeneratively  cooled  L*  segment.  Three  suppliers:  Advanced  Technology 
Laboratories,  Pyroco  Co.,  and  Aerojet -General  Corporation  provided  3”in.-long 
coated  tubes  for  test  evaluation.  All  coatings  were  gradated  r.ichrome  zirconia  and 
nichrome  thoria.  The  specimens  were  tested  for  layer  thickness,  thickness  uniformity 
and  thermal  shock.  Based  upon  these  tests,  it  was  decided  to  use  a  nichrome  zirconia 
coating  for  the  L*  segment. 

I'ollowing  this  investigation  and  prior  to  the  time  for  coating  the 
L*  segment,  an  entirely  new  roach  to  coatings  was  developed  by  Aerojet -General 
under  the  Titan  Product  Improvement  Program,  Contract  AF  04(694) -212.  These  coatings 
are  refractory  metal  alloys,  flame -sprayed  to  the  combustion  chamber.  The  thenaal 
shock  characteristics  of  this  new  family  of  coatings  are  vastly  superior  tc  the 
ceramic -type  coatings;  however,  the  oxidiation  resistance  of  the  coatings  is 
relatively  poor,  making  oxidizer  film  cooling  questionable.  Based  on  the  recent 
coating  development,  it  was  decided  to  coat  the  regeneratively  cooled  L*  segment  using 
the  new  coating.  Application  of  the  coating  to  this  hardware  is  discussed  in 
Section  VII, B. 
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Vn,  A,  Cooling  Methods  Investigation  (cont.) 

5.  High-Temperature  Materials 

Materials,  such  as  pyrolytic  graphite  or  tungsten  can  vithstanc! 
very  hi^  tenferatures  without  loss  of  mechanical  strength.  The  use  of  these 
materials  in  combination  of  regenerative  and/or  film  cooling  was  therefore  investigated. 
It  was  found,  however,  that  these  materials  are  not  compatible  with  the  products  of 
combustion  of  the  storable  propellants,  and  because  of  their  brittleness,  are  marginal 
in  their  ability  to  survive  the  start  transient  of  a  hi^  chamber  pressure  thrust 
chamber.  Various  methods  of  protection  were  investigated  but  none  was  fo’jnd  to  be 
sufficient  to  ensure  a  reasonable  degree  of  confidence.  This  concept  was  therefore 
abandoned . 


6.  Hot -Gas  Cooling 


Ilot-gas  cooling  is  essentially  film  cooling  using  relatively  cool 
gases.  A  thrust  chamber  design  using  this  cooling  technique  in  combination  with 
regenerative  cooling  and  hi^-temperattire  materials  was  investigated.  The  design, 
shown  in  Figure  VII-A-10,  is  a  regeneratively  cooled  tube  bundle  chamber  having  an 
inner  liner  made  of  a  high-teraperat\ire  refractory  material.  The  thrust  chamber 
injector  is  separated  into  two  sections.  The  central  portion,  through  which  most  of 
the  propellants  are  injected,  operates  at  thrust  chamber  design  mixture  ratio.  In 
the  outer  portion  of  the  injector,  fuel-rich  gases  are  produced  which  flow  down  the 
thrust  chamber  in  the  annulus  between  the  liner  and  the  tube  bundle.  This  gas 
provides  cooling,  and  together  with  the  liner,  establishes  a  thermal  barrier  between 
the  combustion  gases  and  the  regenerative  tubes.  The  liner  is  made  of  a  refractory 
material  designed  to  operate  at  a  much  higher  temperature  than  is  possible  with  the 
steel  material  of  the  tube  bundle. 

Heat -transfer  analyses  performed  with  this  chamber  showed  the  concept 
to  be  impractical  even  with  large  quantities  of  hot-gas  film  coolant.  Liner  tempera¬ 
ture  was  higher  than  the  upper  design  temperature  limit  for  refractory  materials  (3200"? 


<> 
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Vn,  A,  Cooling  Methods  Investigation  (cont.) 

for  tungsten;  above  this  teii5>erature  the  recrystalliza -.ion  characteristics  cs'.ise  the 
material  to  rapidly  become  brittle).  Perforated  liners  were  evaluated  in  v>.ich  some 
of  the  hot  gas  from  the  annular  chamber  vas  allowed  to  flow  through  the  liner  into 
the  main  chamber  to  provide  some  film  cooling  on  the  hot>gas  side  of  the  liner. 

Liner  temperatures  were  still  in  excesi  of  acceptable  values.  It  was  concluded  chat 
this  concept  only  moved  the  heat  transfer  problem  from  the  tubes  of  a  conventional 
regeneratively  cooled  chamber  to  the  liner  in  this  chamber.  Furthermore,  the  required 
quantity  of  hot-gas  film  coolant  is  more  than  that  required  by  conventional  liquid 
film  cooling  of  a  regeneratively  cooled  thrust  chamber.  Therefore,  this  concept 
was  eliminated  from  further  consideiuti^. 

7.  Vortex  Cooling 

The  cooling  effect  of  vortex  injectors  was  first  reported  by 
Thiokol  Chemical  Corporation  under  Contract  AP  04(6ll)-5682.*  In  this  concept, 
fuel  is  injected  tangentially  onto  an  injector  premix  wall  and  the  oxidizer  is 
impinged  radially  from  the  center  into  the  fuel.  At  the  point  of  contact,  fuel 
particles  react  with  some  of  the  oxidizer  and  undergo  a  density  change.  The 
centrifugal  force  replaces  the  low  density  fuel  particles  with  the  heavier  oxidizer 
particles.  As  the  combusting  fuel  particles  migrate  through  the  oxidizer  toward  the 
center  of  the  thrust  chamber,  a  vortex  is  formed.  As  long  as  the  vortex  is  maintained, 
the  centrifugal  force  tends  to  keep  the  cooler  gases  near  the  wall,  and  thus  reduces 
the  heac  flux  to  the  wall.  Furthermore,  since  the  fuel  migrates  through  the  oxidizer, 
better  mixing  and  high  combustion  efficiency  is  obtained.  Theoretically,  the  higher 
the  vortex  velocity  the  better  the  cooling  and  combustion  efficiency.  In  practice, 
however,  this  is  not  true,  since  recirculation  losses  become  prohibitive.  At  very 
high  vortex  velocities  the  recirculation  of  the  combustion  gases  caused  by  the  vortex 
can  extend  dowr^  into  the  throat  region  of  the  thrust  chamber.  When  this  happens  the 
aerodynamic  throat  is  smaller  than  the  physical  throat,  a  single  stagnation  pressure 
at  the  throat  is  not  maintained,  and  a  performance  loss  results. 

*Vortex  Combustion,  Thiokol  Chemical  Corporation  Report,  Contract  AF  04(6ll)-5682, 

April  1961. 
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'ui  the  High  Chamber  Fissure  Rocketry  Program,  the  vortex  principle 
vas  further  Investigated  In  both  the  uncooled  and  the  cooled  thrust  chamber  programs. 
The  uncooled  program  evalTjated  a  conventional  type  of  vortex  Injector.  In  the  Cooled 
Chamber  Program  an  Investigation  was  conducted  of  the  application  of  the  vortex 
principle  to  a  unique  Injector  design  In  which  the  Injector  Is  located  on  the  thrust 
chamber  wall.  Two  conceptiial  designs  of  an  L*  segment  were  prepared  (Figures  VII -A -11 
and  VII-A-12).  In  the  first  design  (Figure  VII-A-11)  50^6  of  the  propellants  Is 
Injected  through  a  conventional  vortex  Injector  similar  to  that  used  with  the  uncooled 
thrust  chamber.  Ibe  remaining  propellants  are  Injected  tangentially  through  four 
separate  Injection  stations  which  are  parallel  to  the  chamber  axis.  Through  these 
Injectors  of  the  propellants  Is  Injected  at  design  mixture  ratio  and  10^  of  the 
propellants  Is  Injected  near  the  contour  section  of  the  nozzle  at  a  mixture  ratio 
of  0.085,  proQuclng  a  layer  of  relatively  cool  fuel-rich  gases  (l950“F)  through  the 
throat.  In  the  second  design  (Figure  VII-A-12)  the  total  propellants  are  Injected 
tangentially  onto  the  chamber  wall  through  7T6  orifices.  Of  these  orifices,  576 
are  oxidizer  inlets  and  200  are  ftiel  inlets.  Twenty -four  of  the  fuel  orifices 
located  in  the  last  injection  row  next  to  the  convergent  section  are  laurger  to  provide 
a  fuel -rich  layer  on  the  wall  of  the  convergent  and  throat  portion  of  the  thrust 
chamber.  A  forward  closure  is  attached  over  the  top  of  the  chamber  where  the  injector 
normally  is  located.  This  closure  can  either  be  regeneratively  cooled,  film  cooled, 
transpiration  cooled,  or  ablative  cooled.  The  design  is  illustrated  with  a  regenera¬ 
tively  cooled  face  in  Figure  VII-A-12  and  with  eui  ablative  face  in  Figure  VII-A-13. 

It  was  decided  to  evaluate  the  second  design  concept  experimentally 
in  the  cooled  chamber  test  program.  The  detailed  design  and  test  experience  with 
this  component  is  given  in  Section  ViI,C. 

8.  Ablative  Cooling 


Ablative  cooling  of  thrust  chambers  is  being  successfully  used  in 
current  storable  propellant  engines  operating  at  very  low  chamber  pressures  (e.g., 
Transtage,  P^  =  100  psiaj  Apollo;  P^  =  100  psia).  At  hig^  chamber  pressures,  however. 
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VH,  A,  Cooling  Methods  Investigation  (cont.) 

the  heat  transfer  rates  in  the  chamber  and  throats  are  so  severe  that  prohibitively 
high  erosion  rates  of  the  ablative  materials  occur,  rendering  the  cooling  concept, 
completely  unacceptable  for  long -duration  firings.  For  very  short  durations, 
ablative  materials  are  satisfactory,  and  vere  very  successfully  used  In  this 
program  for  uncooled  chamber  testing  (see  Section  Vl). 

Ablative  cooling  can  be  used  In  the  expansion  nozzle  portion  of 
the  chamber  below  the  area  ratio  point  where  the  heat  fluxes  are  reduced  to 
acceptable  values.  For  this  program  an  ablative  nozzle  extending  from  an  area 
ratio  of  21:1  to  an  area  ratio  of  70:1  vas  designed  and  test-fired.  It  Is 
discussed  In  Section  VII,F. 
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VH,  Cooled  Qlirust  Chamber  Design  and  Development  (cont.) 

B.  REGEHERATIVELy  COOLED  CHAMBER  SECMMT 

1.  Design  Description  and  fabrication 

The  drilled  L*  segment,  shown  in  Figure  VII-B-l,  is  regeneratively 
cooled  by  fuel.  It  is  a  smooth-wall  double-pass  configuration,  incorporating  192 
l/8-in.-dia  coolant  passages.  The  fuel  velocity  in  the  passages  is  128  ft/sec  at 
the  rated  flow  of  57  Ib/sec.  The  manifolding  is  divided  into  60®  pie -sectors  so 
that  up  and  down  flow  is  by  alternate  sectors  instead  of  through  every  other  hole. 

This  arrangement  was  selected  becaus*?  of  the  space  limitations  in  the  segmented 
hardware.  The  design  layout  of  the  L-**-  segment  is  shown  in  Figure  VII -A -8. 

The  Cooling  Methods  Investigation  showed  that  regenerative  cooling 
alone  is  inadequate  for  cooling  high  chamber  pressure  engines,  but  must  be  supplemented 
with  film  cooling  and/or  a  thermal  barrier  coating.  A  heat  transfer  analysis  ♦-is 
performed  to  determine  what  film  cooling  flow  rates  were  required  to  supplement  the 
regenerative  cooling  with  and  without  a  coating.  Pael  was  assumed  as  the  film 
coolant.  With  100^  of  the  rated  fuel  weight  flow  being  circulated  througn  the  segment, 
and  employing  temperatvire  limitations  of  3100''?,  1700°F,  and  600®?  on  the  thermal 
barrier  coating  outer  stirface,  the  interface  between  chamber  and  coating,  and  the 
liquid-side  wail  temperature,  respectively,  therretical  calculations  indicated  that 
3.8  Ib/sec  of  fuel  film  coolant  is  required  to  cool  the  drilled  chamber  segment. 

If  no  thermal  barrier  coating  is  used  and  the  limits  of  ITOO^'F  and  600'F  are  placed 
on  the  gas-side  wall  temperature  and  the  liquid-side  wall  temperature,  respectively, 

10  Ib/sec  of  fuel  film  coolant  is  required.  It  was  decided  to  evaluate  both  coated 
and  uncoated  configurations  in  the  program. 

The  selected  coating  was  of  the  metal -base  type  recently  developed 
under  the  Inproved  Titan  Predevelopment  Program,  Contract  AF  04(69^) -212.  This  family 
of  coatings  has  demonstrated  far  superior  performance  to  the  gradated  nichrome- 
zirconia  type  coatings  considered  earlier  in  the  program.  The  specific  coating  selected 
for  the  L*  segment  was  85^  tungsten,  12^  zirconium  oxide,  and  3^  silicon,  by  weight. 
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VII,  fi,  Regene rat ively  Cooled  Chamber  Segment  (cont.) 

Design  tv-'  icn:'ss  was  O.O9O  in.,  which  produced  a.  thermal  resistance  (t/k)  of  68C 
^PP^^ec-^P/Btu.  This  coating  was  applied  to  one  of  the  two  L*  segments  fabric-,t='d , 

It  was  deposited  in  26  layers  on  the  chamber  v;all  by  plasma-arc  spraying.  Actual 
thickness  after  application  was  O.O92  in. 

The  appearance  of  the  coating  as  deposited  is  shown  in  Fig'^re  VII-B-2. 
The  dark  region  is  due  to  dampness.  During  the  deposition  process  molten  tungsten 
freezes  immediately  upon  impact,  and  as  a  result  high  compressive  residual  stresses 
are  present.  In  this  instance,  after  deposition  the  liner  was  beginning  to  shrink 
away  from  the  staiuless-steel  wall  because  of  the  high  residual  stress;  it,  was  possible 
to  insert  a  5-iiiil  wire  to  a  depth  of  l/2  in.  at  several  points  at  each  end  of  the  liner 
into  the  interface  region.  Other  factors  which  contributed  to  the  slight  separation 
are  the  large  thickness  of  the  coating,  O.O92  in.,  the  smooth  internal  cylindrical 
geometry,  which  provides  less  bonding  area  andi  stress  relieving  than  a  tube  bundle 
cooled  structure,  and  the  msiny  thermal  shocks  experienced  during  the  26  passes  required 
in  the  deposition  process. 

The  finished  hardware  is  shown  assembled  to  the  concentric-ring 
injector  in  Figure  VII-B-3.  Figure  VII-B-1  shows  the  thi'ee  metal  skin-temperature 
thermocouples,  installed  120°  apart  at  the  base  of  the  segment  at  the  coating-wall 
interface;  the  readings  from  these  thermocouples,  together  with  the  coolant  inlet 
and  outlet  temperatures,  were  used  to  calculate  the  heat-transfer  conditions  in  the 
L*  segment  during  testing. 

2.  Development  Testing  and  Results 

Three  tests  were  performed  using  the  drilled  L*  segment;  Tests 
I.2-O2-YAM-O3O,  -03I,  and  -03U.  In  the  first  two,  the  coated  segment  was  evaluated; 
in  the  last  test,  the  same  hardware  wp.s  tested  with  the  coating  removed,  Each  of 
these  tests  is  discussed  in  the  following  paragraphs : 
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VII,  B,  Regcji'-'ratively  Cooled  Chamber  Cegrrient  'cont.) 
a.  Test  l.?-G2-yAM-0'<0 

This  test,  cor.d'jcted  or.  22  March  1965*  was  a  short-d".ir-i*.iori 
checkout  test  of  the  drilled  segiriert  hard-.are.  The  "thrust  chamber  assembly  con¬ 
sisted  of  the  Mod  VIII  corcentric-ring  injector,  drilled  L*  segment,  an  ablative 
segment,  an  ablative  convergent  and  threat  -egment,  and  an  ablative  end -cover. 
Approximately  3«5  Ib/seo  of  oxidizer  film  cooling  from  the  outer  periphery  of  the 
injector  "was  applied  to  the  segment  vali.  The  tes"^  duration  from  F3-1  to  F£-2 
was  2.139  sec,  of  which  O.^-i-29  sec  \as  at  the  sLeady  st.ite  chamber  pressure  of  2573 
The  test  was  successful,  and  no  hardware  damage  occurred.  There  was  no  evidence  o:  io 
of  thermal  barrier  or  regression  from  oxidizer  attack.  Tnere  were  several  bl'ue  areas 
near  "he  exit  end  of  the  segment,  but  there  was  no  apparent  thickr'ess  loss. 

Examination  of  the  fuel  Outleu  temperature  and  coating-metal 
interface  temperature  measurement?"  shov'ed  that  the  component  did  not  reach  ther.Tial 
steady-state  condition  during  the  test.  Tne5,e  temperature  data  and  the  cliamber 
pressure  are  shown  as  functions  of  time  in  Figure 

A  heat-transfei  analysis  to  determine  the  firing  'luratior) 
req"uired  to  achieve  thermal  steady-state  condition  -was  then  conducted  using  the 
Aerojet -General  transient  conduction  computer  program  6057"  This  analysis  used  the 
act'ual  chamber  pressure  transient  and  steady-state  flow  rates  obtained  in  Test 
1.2-02-yAM-030.  The  results  of  this  ar.aiysls,  shown  in  Figure  VIT-E-5*  indicated 
that  thermal  steady-state  condition  co"ui.d  he  achieved  within  a  test  duration  of 
about  3«0  sec.  Eased  on  the  results  ol  this  heat -transfer  analysis,  the  duration 
of  the  next  test  (Test  1 .2-02-YAM-031 '/  was  extended  to  3-5  sec. 

Examination  of  the  fuel  outlet  temperature  data  obtained  i.n 
Test  1.2-02-yAM-030  indicated  that  the  response  of  the  22 -gage  chromel  and  alumel  wire 
(approximately  0.025-in,  dia)  used  in  fabricating  the  l/8-in.-dia  thermocouples  was 
too  slow.  A  fuel  bulk  temperature  rise  of  only  2''F  was  indicated  at  the  end  of  the 
test.  Kigher-response  thermocouples  having  a  sheath  diameter  of  0.040  in.  and  con¬ 
structed  using  0.006-in.  chromel  and  elumel  wire  "were  fabricated  and  installed  for 
Test  1.2-02-yAM-031. 
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VII,  B,  Regeneratively  Cooled  Chamber  Segment  (cont.) 
b.  Test  1.2-02-yAM-031 

The  second  test  of  the  coated  drilled  segment  was  conducted 
on  29  March  I965.  It  ran  for  sec  at  a  chamber  pressure  of  2U56  psia.  The  test 

was  successful;  no  hardware  damage  occurred.  Thermal  steady-state  condition  was 
achieved  just  prior  to  shutdown.  Temperature  data  for  this  test  are  shown  in  Figure 
VII- B-6. 


The  diAration  required  to  achieve  comp.lete  steady-state  condition 
appears  to  be  longer  than  indicated  by  the  transient  conduction  analysis  discussed 
previously.  This  is  probably  due  in  part  to  the  one-dimensional  conduction 
assumption  used  in  the  analysis;  also,  the  cold  nitrogen  purge  employed  in  the  fuel 
system  prior  to  firing  may  also  be  a  factor.  The  fuel  inlet  and  outlet  thermocouples 
indicate  that  the  nitrogen  temperature  in  the  fuel  system  ranged  from  10 °F  to  32 “F 
just  prior  to  FS-1.  The  low  coolant  passage  wall  temperatures  produced  by  the  cold 
gas  therefore  initially  cool  the  fuel  as  it  flows  through  the  segment. 

The  fuel  bulk  temperature  rise  in  the  L*  segment  indicated  by 
TFK-I  (fuel  inlet  temperature)  and  TFK-0-1  (fuel  outlet  temperature)  was  10.5°F. 

The  readings  of  thermocouple  TFK-0-2  (another  fuel  outlet  temperature)  were  considered 
invalid  because  it  yielded  consistently  low  values  throughout  the  test.  These  data, 
along  with  the  measured  fuel  flow  rate  of  51*1  Ib/sec,  indicate  a  total  heat-transfer 
rate  of  370  Btu/sec.  Analysis  of  the  L*  segment  using  Aerojet-General  film  cooling 
computer  program  803^  yielded  a  calcxlated  total  heat  transfer  rate  of  302  Btu/sec 
(8.6°F  bulk  rise)--about  18^  less  than  the  experimental  value.  This  analysis  was 
conducted  assuming  the  heat-transfer  coefficient  calculated  from  the  Bartz  equation 
between  the  film  coolant  and  segment  wall  and  twice  this  value  for  the  heat-transfer 
coefficient  between  the  mainstream  gas  and  film  coolant. 

The  coating -metal  interface  temperature  calculated  for  the 
downstream  end  of  the  segment  in  the  above  analysis  is  6l0‘’F.  The  measured  values 
range  from  790 °F  (TSK-1)  to  1285‘’F  (TSK-2).  The  calculated  coating  gas-side  wall 
temperature  is  SSSO^F.  No  measurement  of  this  temperature  was  attempted. 
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The  thei’^ial  hairier  again  showed  good  perforrrance  There  „3s 
no  general  surface  regression  visible.  There  vas  some  chipping  at  the  injcctrr  i 
of  the  point  of  impingement  of  the  film  cooling.  The  fracture  edges  ‘^ere  rough  -A 
brittle;  oxidation  or  corrosion  did  not  appear  to  be  a  factor.  The  chipping  uas 
confined  to  vithin  3/8  in.  of  the  end  of  the  liner  and  to  a  depth  ranging  from 
5  mil  to  full  thickness.  The  cause  for  the  chipping  was  not  positively  ascertained, 
but  could  have  been  from  oxidizer  impingement  forces  or  mechanical  movement  of  ■  ne 
l.iner.  It  was  found  upon  disassembly  that  the  entire  liner  was  free  to  move  a.rially 
0.150  in.  and  rotate  +  50’  angularly.  Since  the  internal  diameter  of  the  segment 
was  tapered  slightly  larger  at  the  injector  end,  slipping  of  the  liner  downstream  vojid 
force  the  coating  inward  and  possibly  cause  the  observed  chipping. 

Since  the  coating  was  now  loose  from  the  chamber  vail ,  the  bond 
thermal  resistance  during  future  firings  would  be  uriknown;  furthermore,  the  loose 
coating  miyit  structurally  fail  during  the  shock  of  jhe  start  transient  and  damage 
adjacent  hardware.  It  was  therefoie  decided  to  remove  the  coating  and  ret'ist  th'; 
segment  in  its  ’oncoated  configuration. 

c.  Test  1.2 -02 -YAM-034 

A  parametric  heat -transfer  analysis  was  performed  for  the 
tincoated  segment  prior  co  Test  -034.  The  results  are  shown  in  rigijre  VII-B-7. 
Maximum  recommended  operating  he^’t  flux  for  supercritical  AeroZINE  50  to  prevent 
burnout  is  4.4  Btu/in.  sec  at  30OO  psia.  To  stay  below  this  limit,  J  to  l4  Ib/sec 
of  N^Oj^  film  cooling  would  be  required,  based  on  simple  Bartz  and  twice -Bartz 
correlations,  respectively.  Wall  temperatures  at  either  of  these  flow  rates  were 
below  acceptable  maximum  values. 

Film  cooling  from  the  concentric -ring  injector  is  3-5  Ih/sec 
NgOj^.  However,  an  additional  l4  Ih/sec  of  N^Oj^  is  transpired  through  the  outer 
Rigimesh  ring,  which  certainly  gives  some  added  protection  along  the  chamber  wall. 
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Based  upon  the  previous  test  results  of  the  coated  segment  and  the  exceVieat  conditio- 
of  the  posttest  hardware,  it  was  decided  to  test-  the  uncoated  L*  segment  with  no 
additional  film  cooling  applied. 

Test  1.2 -02 -YAM-03^  v  s  conducted  on  20  April  1965.  Total 
test  duration  was  3*58  sec  of  which  1.6  sec  was  at  a  steady-state  chamber  pressure 
of  2^75  psia.  No  hardware  damage  occurred.  The  uncoated  L*  segment,  regeneratively 
cooled  with  fuel,  was  located  Just  below  the  concentric -ring  injector.  Ablative 
hardware  was  used  downstream. 

The  important  test  parameters  for  this  test  are  shown  in 
Figure  VII-B-8.  The  L*  segment  wall  temperature  thermocouple,  which  was  located  at 
the  base  of  the  segment,  rose  initially  to  2500°F,  and  then  decayed  to  1500'F, 
where  it  became  steady  Just  prior  to  shutdown.  The  high  initial  reading  must  have  been 
caused  by  start  transient  conditions,  since  the  hardware  could  not  have  withstood 
this  temperature  under  steady-state  conditions. 

Because  of  the  thermocouple  location,  the  recorded  temperature 
is  not  fully  representative  of  the  regeneratively  cooled  wall  temperature.  It  is 
located  at  the  base  of  the  segment  in  the  end-closure  ring,  which  has  a  wall  thickness 
of  0.030  in.;  the  regenerative  coolant  passe-s  through  this  ring  at  50  ft/sec.  The 
main  passage  wall  is  0.020  in.  thick;  fluid  velocity  is  62  ft/sec.  The  recorded 
temperature  was  corrected  for  this  difference;  the  calculated  actual  wall  temperature 
was  1300‘^F.  At  this  temperature  the  film  cooling  rate  would  be  between  3  to 

7  Ib/sec,  depending  on  whether  simple  or  twice-Bart-z  is  assumed.  This  is  in  good 
agreement  with  the  actual  coolant  amount  used.  Because  of  the  cooling  supplied  by 
the  outer  Rigimesh  ring  from  the  injector  face,  it  was  concluded  that  the  twice-Bartz 
correlation  more  nearly  approximated  actual  chamber  conditions.  At  7  Ib/sec,  cnaraber 
heat  flux  would  then  be  8  Btu/in.  sec,  which  was  above  the  recommended  maximum  value. 
No  burnout  occurred,  however. 
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VII,  Cooled  Thrust  Chamber  Design  and  Development  (cont.’- 
C.  VORTEX  CHAMBER  SEGMENT 

1.  Description  of  Design 


•The  vortex  chamber  segment  is  a  propellant  injection  device  that 
differs  from  conventional  rocket  engine  injectors  in  that  all  propellant  is  injected 
through  the  chamber  wall  rather  than  at  forward  end  of  the  combustion  chamber  through 
a  conventional  injector  face-  A  reduction  of  chamber  surface  area  to  be  cooled,  -he 
reduction  of  heat  transfer  to  the  chamber  wall  due  to  the  voitexing  acT ion  of  the 
combusting  gases,  and  the  possibility  of  hi.gh  inje-ctor  combustion  efficiency  are  i..e 
salient  features  of  this  design. 

The  vortex  chamber  segment  design  is  illustrated  in  Figure  VII-A-13- 
All  propellant  is  injected  through  1176  injection  holes  drilled  tangentially  through 
the  chamber  wall.  These  holes  are  -vertically  aligned  on  the  chamber  wall,  producing 
rows  of  holes.  Ibe  rows  are  mianifolded  in  such  a  -way  that  the  alternate  rows  of 
holes  inject  oxidizer  (24  rows)  while  the  remaining  rows  of  holes  inject  fuel.  Each 
fuel  row  contains  25  holesj  each  oxidizer  row  contains  24  holes.  Fuel  and  oxidizer 
holes  are  0.054  and  0.064  in.  in  diameter,  respectively.  Injection  velocity  was 
100  ft/ sec  in  both  circuits.  Injector  pressure  drops  of  150  and  225  psi  were  designed 
for  the  fuel  and  oxidizer  circuits,  respectively.  An  additional  hole  in  each  fuel  row 
is  provided  at  the  aft  end  of  the  chamber  segment,  next  to  the  convergent  portion  of 
the  nozzle,  to  provide  a  fuel -rich  layer  of  propellant  downstream  on  the  chamber  wall . 
Fuel  and  oxidizer  holes  in  adjacent  rows  are  not  in  line,  but  are  purposely  staggered 
from  one  another  to  promote  propellant  mixing  and  good  combustion  efficiency.  The 
vertical  rows  of  alternate  fuel  and  oxidizer  holes  inject  sheets  or  layers  of  propel¬ 
lant,  and  thus  film-cool  the  injection  surface  as  well  as  mix  the  propellants. 

At  the  base  of  the  vortex  L*  segment,  four  thermocouples  are 
installed,  equally  spaced  from  one  another  to  monitor  the  surface  temperature  c-  the 
injector  face. 
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At  the  forward  end  of  the  segment,  the  area  normally  occupied  by 
the  injector  in  a  conventional  rocket  engine,  a  steel  closure  plate  is  prov  dec. 

This  closure  is  protected  from  the  combustion  chamber  gas  by  an  ablative  covef-p'.  ate 
that  is  mechanically  fastened  in  place. 

Inlet  manifolding  to  the  segment  is  provided  by  using  the  con rentional 
injector  inlet  manifold  housing.  Internal  maniiolding  of  the  segment  is  complex  and 
separation  between  fuel  and  oxidizer  circuits  is  dependent  upon  interchannel  welding. 

2.  Development  Testing 

One  vortex  L*  segment  was  fabricated;  two  tests  were  conducted  with 
this  unit.  Total  chamber  L*  was  TO  in.  The  test  objectives  were  to  evaluate  the 
design  as  an  injector  and  as  a  cooling  device.  Unfortunately,  failures  unrelated 
to  the  injector  or  cooling  principles  of  the  design  occurred  in  both  tests;  in  the 
first  test  the  graphite  throat  liner  was  lost  during  the  start  transient;  in  the 
second  test,  an  interchannel  propellant  leak  developed  in  the  segment  manifolds 
just  after  steady-state  was  reached --damaging  the  unit  beyond  repair.  However, 
valid  steady-state  data  were  obtained  in  the  latter  test.  Specific  summary  details 
for  each  test  are  discussed  in  the  following  paragraphs. 

The  completed  vortex  chamber  segment  is  shown  in  Figures  VII -C-1 
end  -2  as  it  appeared  prior  to  the  first  test.  This  segment  was  assembled  to  a 
chamber  containing  an  ATJ  graphite  convergent  and  throat  segment;  the  assembly 
was  tested  on  11  January  196^  d’oring  Test  1.2-Ol-YAM-OOT.  This  test  was  designed 
to  operate  at  a  chamber  pressure  of  ^000  psia  for  1.65  sec.  The  test  was  prematurely 
terminated  at  FS-1  +  O.918  sec  by  the  combustion  stability  monitor  (CSM),  an  engine 
malfunction  shutdown  device.  The  graphite  convergent  and  throat  segments  were 
severely  damaged;  the  vortex  L*  segment  sustained  minor  damage.  The  ablative  face 
cover  failed,  and  a  number  of  oxidizer  orifice  tubes  installed  in  the  injector  face 
came  loose  and  bent  into  the  main  stream.  The  extent  of  the  damage  is  illustrated  in 
Figures  VII -C-3,  VII-C-i+  and  VII-C-5-  High-speed  photographic  records  verified  that 
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VII,  C,  Vortex  Chamber  Segment  (cont.) 

the  graphite  failed  early  during  the  start  transient- -initiating  the  \:'x 

minor  repairs,  the  vortex  L*  was  restored  to  its  original  condition  tr  ■  n-.  . 

able  for  retesting.  Figure  VII-C-6  illustrates  the  vortex  L*  segment  fte' 
had  been  completed. 

Test  1.2-Ol-YAM-OlC  was  conducted  or.  Ij.  F  braary  lOtou,  A  .'cheiale  : 
duration  was  1.75  sec  at  a  chamber  pressure  of  3C00  j-oia  as  planned.  Tne  test  was 
prematurely  shut  down  at  IS-l  +  I.264  se^'  by  the  high  transient  pressure  sbutdowr. 
device  (HTPSD) . 


Severe  test  hardware  damage  was  sustained.  Damage  occurring  tc  the 
vortex  L*  segment  included  failure  of  the  ablative  injector  face  cover  by  delairiination 
(Figure  VII-C-7)  and  mechanical  failure  of  the  chamber -injector  face  over  an  approxi¬ 
mate  90°  sector  (Figure  VII-C-8).  Evidence  of  severe  burning  of  metal  was  visible  on 
the  injector  face. 

3.  Test  Data  Analysis  and  Conclusions 

The  analysis  of  the  test  records  of  the  second  test  showed  that  this 
component  was  destroyed  by  a  detonation  in  the  segment  manifold  resulting  from  an 
interchannel  propellant  leak.  On  the  injection  orifice  surface  in  an  area  approxi¬ 
mately  180°  opposite  the  point  of  interchannel  leakage,  there  was  no  damage  or 
injector  erosion.  Data  were  obtained  frcrni  all  four  of  the  skin  temperature  thermo¬ 
couples  used  in  the  test  hardware,  as  shown  in  Figure  VII-C-9.  Two  thermocouples  were 
located  in  an  area  severely  damaged  by  the  detonation  and  subsequent  erosion.  The 
data  obtained  from  these  two  thermocouples  is  not  considered  valid.  Maximum  temper¬ 
atures  from  these  two  thermocouples  were  1027°F  and  2315 '’F,  The  third  thermocouple 
was  located  in  an  area  of  only  slight  damage;  it  reached  a  maximum  temperature  of 
918°F.  The  fourth  thermocouple  was  located  in  an  area  where  no  damage  or  erosion  occur¬ 
red.  The  maximum  temperature  recorded  by  this  thermocouple  was  273 °F.  hear  the 
location  of  the  thermocouples  that  recorded  hi^  temperatures  there  is  an  indication 
(by  erosion)  that  flames. 
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rather  than  liquid,  were  passing  tHrough  the  injection  orifices.  Thus,  it  is 
believed  that  the  temperature  recorded  by  the  fourth  thermocouple  (2T3°F)  is  ine 
only  thermocouple  that  truly  indicates  the  surface  temperature  of  the  design. 

There  was  an  excellent  time  correlation  between  the  indication  of 
the  detonation  as  shown  by  the  oscillograph  of  injector  fuel  and  oxidizer  pressure, 
and  the  rapid  temperature  rise  of  the  thermocouple  directly  in  the  burnout  area  as 
recorded  on  the  Millisadie  printout. 

Based  on  the  data  from  Test  -010,  the  performance  of  the  vortex  h* 
segment  appears  to  be  superior  to  that  of  the  concentric -ring  injector.  A  combustion 
efficiency  of  9^^  at  an  L-- of  70  in.  was  obtained  in  that  test,  compared  with  82^  with 
the  concentric -ring  injector  at  the  same  L*.  Because  of  the  limited  data,  however, 
more  testing  is  required  before  conclusions  relative  to  its  performance  character¬ 
istics  can  be  made. 

On  the  basis  of  the  limited  test  experience  gained  with  the  vortex  L* 
segment  during  this  program,  the  following  comments  can  be  made. 

(a)  Interchannel  welding  should  be  avoided  whenever  possible. 

(b)  The  vortex  L*  segment  shows  a  potential  as  a  high  performance 
Injector  for  short  characteristic  chamber  lengths  (L*). 

(c)  Tne  vortex  injector  may  have  merit  as  a  chamber  cooling 
device  (low  temperatures  were  present  on  the  injector  face  in  the  area  unaffected 
by  interchannel  leakage). 

(d)  Further  development  testing  would  be  required  to  determine  the 
performance  and  cooling  merits  of  the  vortex  chamber  segment. 
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VII,  Ccoled  Thrust  Chamber  Design  and  Development  (cont) 

D.  FUM-COOLED  CONVERGETfT  AhB  THROAT  SEGMENT 

The  cooling  methods  investigation  showed  that  regenerative  cooling  in  the 
convergent  and  throat  section  ofa  high-pressure  combustion  chamber  required  large 
amounts  of  supplemental  film  cooling  to  maintain  the  wall  temperature  within 
acceptable  limits.  It  was  calculated  that  at  a  chamber  pressure  of  5000  psia,  only 
1%  of  the  total  heat  can  be  removed  by  regenerative  cooling.  Therefore,  a  great  need 
existed  for  film  cooling  design  data,  including  the  thrust  chamber  performance  loss 
resulting  from  film  cooling,  as  well  as  the  effectiveness  of  the  coolant  in  cooling 
the  chamber  wall.  To  provide  this  data,  a  film-cooled  convergent  and  throat  chamber 
segment  was  designed  and  tested  in  the  Cooled  Chamber  Program. 

The  design  of  the  cooled  convergent  and  throat  segment  is  discussed  in 
Section  VII, D,l,  below.  A  summary  of  the  test  results  with  this  component  is  given 
in  Section  VII, D, 2.  The  detailed  test  program  performed  is  discussed  in  Section  VII, D, 3* 
Using  the  test  data  obtained,  the  effects  of  film  cooling  on  thrust  chamber  performance 
were  determined  and  defined  in  a  mathematical  model;  also,  a  correlation  defining 
the  efficiency  of  the  film  cooling  for  cooling  the  chamber  wall  was  established.  The 
results  of  these  studies  are  given  in  Section  VIII,  Thrust  Chamber  Performance. 

1.  Description  of  Design 

The  "cooled  throat"  design  (Figure  VII-D-l)  uses  tangentially  Injected 
film  coolant  as  the  method  of  cooling.  It  is  well,  established  that  maximum  effectivenss 
of  film  cooling  is  obtained  when  the  coolant  is  injected  in  the  same  direction  as  that 
of  the  adjacent  main  gas  stream;  this  results  in  minimum  shearing  of  the  coolant 
boundary  layer  with  the  main  stream  and  helps  maintain  the  coolant  on  the  chamber 
wall.  During  the  design  phase  of  this  program,  the  vortex  injector,  which  produces 
2  tangentially  directed  spiraling  motion  of  the  main  gas  stream  on  the  chamber  wall, 
was  given  the  highest  promise  for  success;  therefore,  tangential  injection  of  the 
film  coolant  was  selected.  But  the  concentric-ring  injector  subsequently  proved 
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VII,  D,  Film-Cooled  Convergent  and  Throat  Segment  (cont.) 

superior,  which,  when  used  with  the  cooled  throat  segment,  initially  resulted  In 
relatively  poor  distribution  of  the  coolant  on  the  wall.  Significant  improvement  in 
distribution  was  obtained  through  a  design  change  in  the  segment;  this  is  discussed 
later  in  this  section. 

The  film  coolant  is  injected  through  approximately  injection 
orifices  equally  spaced  in  each  of  l8  circumferential  row.'  and  spaced  0.80  in. 
apart  longitudinally.  Of  these,  l6  rows  were  located  above  the  throat  diameter,  and 
two  rows  were  below.  Flow  control  to  each  row  of  injection  slots  is  accomplished 
b^  orifices  in  the  inlet  line  to  each  supply  channel.  With  this  design,  coolant 
flow  rate  in  each  local  portion  of  the  chamber  can  be  varied  until  the  maximum 
allowable  wall  temperat\are  is  reached.  To  provide  temperature  information,  two 
thermocouples  were  located  between  each  injector  section.  One  of  these  was  welded 
to  the  chamber  just  below  the  gas-side  surface;  the  other  measured  ■'he  wall  tempera¬ 
ture  between  the  individual  feed  manifolds  near  the  liquid  surface.  The  thermo¬ 
couple  locations  are  shown  in  Figure  VII-D-2. 

The  chamber  was  designed  so  that  either  fuel  or  oxidizer  could  be 
used  as  the  film  coolant.  In  the  test  program  performed,  oxidizer  was  the  coolant 
used.  An  analysis  was  performed  to  predict  the  required  amount  of  film  coolant 
when  using  either  of  the  propellants.  For  comparative  purposes,  calculations  were 


also  performed  using  water. 

shown  in  the  table  below . 

The  results, 

together  with  the 

assumptions  made,  are 

Coolant 

Water 

AeroZINE  50 

Nitrogen  Tetroxide 

Flow  Rate  Required, 
Ib/sec 

15 

^3 

35 

^  of  Total  Propellant 

9 

if\ 

CVJ 

20 
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VII,  D,  Film-Cooled  Convergent  and  Throat  Segment  (cont.) 

Assumptions : 

1.  Incident  heat  flux  calculated  using  h^  from  Bartz  equation  and 
equal  to  700®F  (sat.  temp  of  water  at  3000  psia). 

2.  The  radiant  heat  fl’ox  is  zero. 

3.  Spontaneous  decomposition  of  AeroZINE  ?0  occurs  at  500“F. 

4.  Spontaneous  decouiposition  of  nitrogen  tetroxide  occurs  at  700®F. 

5.  Water  does  not  decompose. 

6.  Gas  stream  properties  evaluated  at  3000  psia  and  M.R,  =  2.0. 

7.  The  distribution  of  liquid  coolant  is  100^  efficient. 

Two  units  were  fabricated;  both  were  used  in  the  test  program. 
The  fabricated  hardware  is  shown  in  Figures  VII-D-3  and  -4, 

2.  Summary  of  Test  Program 

The  overall  test  objective  of  the  cooled  convergent  and  throat 
segment  was  to  obtain  performance  and  heat-transfer  data  for  film  cooling  with 
liquid  NgOj^  in  high-chamber-pressure  engines.  The  basic  approach  followed  was  to 
initially  overcool  the  hardware,  and  then  in  progressive  tests  reduce  the  film 
cooling  flow  rate  until  burnout  occurred. 
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VII,  D,  Film-Cooled  Convergent  and  Throat  Segment  (cont.) 

Twenty- three  tests  were  attempted  using  the  cooled  throat  segment; 
of  these  13  yielded  valid  data,  two  yielded  invalid  data  but  reached  a  steady- state 
operating  point,  and  eight  were  malfunction  shutdowns  which  occurred  before  any 
significant  chamber  pressure  was  attained.  The  first  test  was  performed  on 
9  October  19^4,  and  the  final  test  on  19  May  1965.  All  tests  used  the  Mod  VIII 
concentric -ring  injector.  Chamber  L*  was  100  in.;  of  tnis,  the  throat  segment 
supplied  4o  in.,  and  two  30- in.  ablative  L*  segments,  located  above  the  throat  seg¬ 
ment,  supplied  the  remainder.  During  the  course  of  the  testing  program,  four 
expansion  nozzles  were  used  with  the  segment:  an  ablative  exit  cone  of  area  ratio 
8.28:1,  a  regeneratively  cooled  nozzle  of  area  ratio  21:1,  the  regeneratively  cooled 
nozzle  in  combination  with  an  ablative  nozzle  extension  of  70:1,  and  a  21:1  ablative 
exit  cone. 


The  program  objectives  for  the  cooled  convergent  and  throat  segment 
were  achieved.  Film  cooling  was  reduced  frcm  a  maximum  of  58  Ib/sec  to  36  Ib/sec, 
at  which  point  throat  burnout  occurrev^.  Using  a  second  unit  of  identical  design, 
film  cooling  was  again  progressively  reduced  until  burnout  occurred  at  33  Ib/sec. 

The  burned  portion  of  the  second  chamber,  which  included  the  section  from  feed 
channels  12-l6,  was  subsequently  machined  out  and  replaced  wibh  an  ablative  insert. 
This  unit  was  then  retested;  in  this  test,  slightly  less  film  cooling  was  used  in 
the  remaining  channels  than  had  been  used  in  the  test  before  (l8.4  Ib/sec  versus 
20.8  Ib/sec,  channels  l-ll).  Erosion  in  the  convergent  portion  of  the  chamber 
occurred. 


From  these  tests,  the  minimum  film  cooling  requirements  for  both 
the  chamber  and  throat  sections  of  the  chamber  were  determined.  At  the  time  the 
throat  was  designed,  predicted  minimum  flow  rate  for  was  35  Ib/sec,  which  is 
very  close  to  the  experimental  veO-ue.  However,  the  design  analysis  assumed  perfect 
distribution  of  film  coolant  on  the  chamber  weQ.1;  actual  distribution  obtained  was 
relatively  poor,  as  evidenced  by  the  heat  marks  on  the  chamber.  Therefore,  the 
film  cooling  capabilities  of  are  somewhat  better  than  predicted. 
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VII,  D,  Film-Cooled  Convergent  and  Throat  Segment  (cont.) 

The  performance  and  heat-transfer  data  obtained  during  these  tests 
were  used  to  establish  mathematical  models  wliich  can  be  used  as  design  data  for 
future  high-pressure  designs  In  vhlch  film  cooling  is  used.  A  discussion  of  this 
effort  Is  given  in  Section  VIII. 

3.  Detailed  Test  Program 

The  tests  conducted  vith  the  cooled  throat  segment  can  be  logically 
grouped  Into  five  test  series.  Each  of  these  test  series  is  discussed  in  the 
following  paragraphs.  Predicted  and  actual  film  coolant  flow  rates  for  each  test 
In  which  steady-state  data  were  recorded  are  tabulated^in  Figure  VII-D-5.  Wall 
temperature  data  for  each  test  are  given  in  Figure  VII -D-6.  Summarized  test  parameters 
are  specified  in  the  cumulative  testing  summary,  Figure  II-A-2. 

a.  Test  Series  1;  Tests  1.2 -02 -YAM-011  through  -015 

This  was  the  first  group  of  tests  conducted  with  the  cooled 
throat  segment.  The  primary  test  objectives  were  to  evaluate  the  structural  adequacy 
of  the  hardware,  determine  thrust  chamber  performance  at  a  relatively  high  film 
coolant  flow  rate,  and  to  determine  the  test  duration  r  quired  to  achieve  thermal 
steady  state  condition  in  the  chamber.  The  8.28:1  ablative  exit  cone  was  used 
with  the  throat  segment.  Nominal  chamber  pressure  desired  was  3OOO  psia. 

Of  the  five  tests  conducted.  Tests  -012,  -0l4,  and  -OI5  yielded 
valid  data.  Tests  -Oil  and  -013  were  malfanction  shutdowns;  steady-state  chamber 
pressure  was  not  achieved  in  either  test.  The  plani;*'.  film  cooling  flow  rate  for 
all  tests  was  ^*-5  Ib/sec;  actual  flow  rates  were  46. T,  ^5*0,  and  J;1.8  ]b/sec  for  the 
three  valid  tests.  No  hardware  damage  occurred  in  any  test;  however,  poor  film 
cooling  distribution  was  evident  by  heat  marks  on  the  chamber  wall,  as  shown  in  the 
posttest  photographs.  Figures  VII -D-7,  and  -8. 
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VII,  D,  Film-Cooled  Convergent  and  Throat  Segment  (cont.) 

The  first  test  was  run  for  the  relatively  short  duration  of 
1.865  sec.  At  FS-2  the  thermocouples  located  in  the  chamher  wall  did  not  reach 
steady-state  conditions.  In  the  next  two  tests  the  test  duration  was  extended  to 
2.37  and  4.03  sec,  respectively  in  an  effort  to  reach  thermal  steady-state  condition. 
After  reviewing  the  temperature  data,  it  was  concluded  that  the  thermocouples  were 
not  recording  true  surface  temperature  conditions.  These  thermocouples  were  1/8  in. 
dia.,  and  were  welded  into  the  chamber  wall  0.075  in.  below  the  surface  in  the  large 
heat- sunk  area  of  the  chamber. 

Based  upon  these  three  tests,  it  was  decided  to  modify  the 
instrumentation  for  obtaining  wall  surface  temperature£>.  and  to  attempt  to  improve 
the  film  coolant  distribution  on  the  chamber  wall.  'Qie  revised  thermocouples  design 
is  shown  in  Figure  VII-D-2.  In  the  new  design,  the  thermocouple  is  located  directly 
on  the  surface,  with  a  0.003-in.  air  gap  separat-'ng  it  from  the  heat  sink  mass.  It 
was  thought  that  perhaps  the  reponse  of  the  l/8-in.-dia  thermocouple  was  to  slow; 
therefore  it  was  decided  to  evaluate  both  l/8-in.-dia.  and  high-response  0.040-in.-dia 
thermocouples  in  the  next  test  series  on  a  trial  basis.  Two  of  each  size  thermo¬ 
couples  were  installed  for  the  next  test  series. 

The  film  cooling  distribution  pattern  on  the  chamber  wall 
showed  that  the  film  cooling  was  being  washed  downstream  before  it  traveled  very 
far  in  the  tangential  direction.  As  the  mainstream  velocity  increased,  the  amount 
of  tangential  coverage  became  less  and  less  until  at  the  throat,  almost  no  tangential 
component  was  present.  It  an  attempt  to  correct  this  problem,  a  modified  design  was 
made  wherein  a  circumferential  groove  would  be  machined  around  the  chamber  at  each 
injection  plane,  encompassing  all  the  orifices  in  that  plane.  With  this  design, 
the  film  coolant  could  flow  inside  the  groove,  undisturbed  by  the  main  gas  stream, 
and  then  spill  into  the  chamber  as  a  sheet  rather  than  as  individual  streams.  It 
was  decided  to  incorporate  this  modification,  on  a  trial  basis,  into  the  hardware 
for  the  next  test  series.  Grooves  0.030-in.  deep  by  0.090-in.  wide  were  machined 
into  injection  stations  1  through  and  at  11,  13,  15,  as  shown  in  Figure  VII-D-9. 
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VII,  D,  Film-Cooled  Convergent  and  Throat  segment  '^cont.) 

Following  modification  of  the  throat  segment,  it  was  returned  o 
the  test  area  for  further  testing.  Heat  marks  on  the  chamber  wall  caused  by  the 
previous  tests  had  been  removed  by  the  use  of  sandpaper. 

b.  Test  Series  2:  Tests  1.2-02 -YAM-016  thro^agh  -020 

The  objectives  of  this  test  series  were  to  (l)  evaluate  the 
hardware  modifications  made  as  a  result  of  the  previous  tests,  (2)  attain  thermal 
steady-state  conditions,  and  (3)  begin  reducing  film  cooling  flow  rate.  Five  tests 
were  performed  in  this  series,  in  which  Tests  -017,  -OI8  and  -020  yielded  valid  data. 
Tests  -016  and  -OI9  were  malfunction  shutdowns  prior  to  ignition  in  the  chamber. 

Nominal  chamber  pressure  was  again  3OOO  psig,  and  the  8.28; 1  exit  cone  was  used  with 
the  throat  segment.  Planned  coolant  flow  rate  for  the  first  test  was  again  45  Ib/sec; 
the  planned  test  duration  was  3*0  sec.  The  first  valid  test,  Test  -017,  was  fired  on 
26  November  1964.  No  hardware  damage  occurred  on  this  test.  Posttest  inspection  of 
the  hardware  showed  no  indication  of  heat  marks;  on  this  basis  it  was  concluded  that 
the  grooving  of  the  injection  channels  significantly  improved  film  cooling  distribution. 
Examination  of  the  test  records  also  showed  that  thermal  steady-state  in  the  chamber 
was  reached  at  approximately  FS-1  +  2.25  sec.  The  thermocouple  design  modification 
proved  completely  successful,  and  showed  excellent  response.  No  significant 
difference  between  the  l/8-in.-dia  and  the  0.040-in.-dia  configurations  was  evident. 
Temperature  traces  obtained  with  the  new  thermocouple  design,  together  with  traces 
from  other  thermocouples  in  the  chamber  of  the  original  configuration,  are  shown  in 
Figure  VII-D-10.  ITs-5  in  this  plot  is  one  of  the  new  designs;  TTs-1,  -13,  and  -9 
are  of  the  older  configuration. 

Actual  coolant  flow  rate  obtained  in  Test  -017  was  57-8  Ib/sec; 
this  was  reduced  to  49-4  Ib/sec  in  Test  -CI8.  These  flows  were  higher  than  expected 
because  the  "dishpan"  orifices  controlling  flow  to  the  individual  coolant  channels 
had  been  installed  backwards,  changing  the  orifice  C^.  Chamber  condition  following 
these  tests  was  excellent,  with  no  heat  marks  appearing  on  the  chamber  wall. 

Coolant  flow  rate  was  then  reduced  to  37  Ib/sec  in  Test  -020,  which  caused  burnout 
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VII,  D,  Film-Cooled  Convergent  and  Throat  Segment  (cont.) 

In  the  throat  region.  During  this  test,  coolant  feed  channels  2,  1)-,  6,  ant'  in 
•were  completely  blocked  to  permit  investigation  of  effective  cooling  length.  All 
erosion  occiirred  below  these  stations,  however.  The  damaged  hardware  is  shown  in 
Figures  VII-D-11,  VII-D-12  and  VII-D-13.  Slight  heat  marks  were  evident  in  the  upp^r 
chamber,  but  not  to  the  degree  experienced  prior  to  grooving  the  channels.  It  was 
therefore  concluded  thab  the  grooves  did  not  provide  uniform  distribution  but  improved 
it  significantly  o-ver  the  non-grooved  configuration. 

c.  Test  Series  3:  Test  1 .2 -02 -YAM-021 

Cooled  throat  SN  2  was  tested  for  the  first  time  in  Test  -021. 

The  configuration  was  Identical  to  that  of  SN  1,  except  that  based  on  previous  results, 
high-response  thermocouples  were  used  throughout,  and  grooves  were  machined  in  all  ol 
the  coolant  channels.  The  21:1  area  ratio  oxidizer  regeneratively  cooled  exit  nozzle 
was  assembled  to  the  throat  segment  and  tested  for  the  first  time  in  this  test. 

The  assembly  is  shown  on  the  test  stand  in  Figure  VII-D-li)-.  To  accommodate  the 
pressure  drop  in  the  exit  nozzle,  the  oxidizer  pump  discharge  pressure  was  raised 
from  3515  to  4450  psla.  A  new  oxidizer  pump  impeller  designed  to  furnish  the  higher 
pressure  was  used  in  this  test. 

The  test  was  terminated  at  PS-1  +  2. 197  by  explosion  of  the 
oxidizer  pump.  A  discussion  of  the  oxidizer  p-jmp  failure  is  given  in  Section  XII. 

The  only  damage  to  the  thrust  chamber  assembly  was  the  rupture  of  three  2-in.-dia 
flex  lines  which  supplied  propellants  to  the  exit  cone.  One  of  the  rupture  lines  is 
shown  in  Figure  VII-D-15. 

Valid  steady-state  data  was  obtained  in  this  test  prior  to 
the  pump  explosion.  Coolant  flow  rate  in  this  test  was  35*7  Ib/sec;  all  coolant 
channels  were  flowing.  Heat  marks  in  the  chamber  were  not  severe.  Posttest  condition 
of  the  cooled  throat  is  shown  in  Figures  VII-D-I6  and  VII-D-17*  Very  slight  erosion 
was  present,  which  resulted  from  an  off -mixture -ratio  condition  in  the  chamber 
following  the  pump  failure.  This  erosion  was  repaired  prior  to  the  next  test. 
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As  a  result  of  the  pump  failure,  it  was  decided  to  lover  chamber 
pressure  to  approximately  260C  psia,  which  corresponds  to  k63C  psia  pump  discharge 
pressure  when  the  exit  nozzle  is  used.  This  is  the  safe  upper  limit  for  the  origi  la’ 
oxidizer  pump  configuration. 

d.  Test  Series  4;  Tests  1 .2-02-yAM-022  through  -029,  -032,  and  -O33 

The  refurbished  TCA  assembly  was  returned  to  the  cest  area,  and 
testing  was  resumed  on  15  February  1965.  The  regeneratively  cooled  exit  nozzle  was 
again  tested  in  conjunction  with  the  cooled  throat  segment.  In  one  test,  Test  -029, 
the  ablative  expansion  nozzle  skirt  was  also  added,  bririging  the  total  area  ratio  to 
70;1.  Nominal  chamber  pressure  was  26OO  psia. 

Ten  tests  were  conducted  in  this  test  series,  of  which  five 
produced  valid  data  at  rated  chamber  pressure;  these  included  Tests  -023,  -025,  -027, 
-029,  and  -033*  Three  of  the  invalid  tests.  Tests  -026,  -028,  and  -030,  were  mal¬ 
function  shutdowns;  in  Test  -022,  one  of  the  2-in.-dia  flex  lines  to  the  regeneratively 
cooled  exit  nozzle  ruptured  during  the  start  transient,  which  caused  reduced  weight 
flow  and  chamber  pressure  throughout  the  test.  Except  for  the  broken  line,  no  damage 
was  sustained.  In  Test  -024,  the  gas  generator  valve  did  not  open  completely, 
resulting  in  reduced  chamber  pressure  of  2304  psig.  Except  for  the  low  chamber 
pressure,  this  was  a  valid  test.  Coolant  weight  flow  was  34.6  Ib/sec.  No  hardware 
damage  occurred. 


In  the  five  valid  tests,  film  coolant  weight  flow  was  progressively 
reduced  in  the  following  steps:  42.9,  38.9,  36.0,  34.3,  and  33. 1  Ib/sec.  Prior  to  the 
last  test,  the  hardware  was  removed  for  inspection.  It  is  shown  in  Figures  VII-D-I8 
and  -19.  Heatmarks  indicating  uneven  film  cooling  distribution  are  plainly  visible. 

In  Test  -033,  conducted  on  l4  April  1965,  severe  erosion  of  the  throat  was  experienced 
below  the  twelfth  injection  plane.  The  tubes  of  the  regeneratively  cooled  exit  cone  were 
also  burned  out  near  the  throat-exit  nozzle  interface.  The  damaged  hardware  is  shown 
in  Figures  VII-D-20,  -21,  -22,  and  -23. 
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VII,  D,  Film-Cooled  Convergent  and  Throat  Segment  (cont  ) 

The  burnout  conditions  of  throat  segment  SW  1  with  those  of 
were  compared.  Failure  with  SN  1  occurred  with  36.6  Ib/sec  coolant  weight  flo/.'-  cham^j'' 
pressure  was  2809  psia.  SN  2  failed  with  3j*1  Ib/sec  at  2615  psia.  Only  a  portion  of 
the  film  coolant  injection  stations  were  grooved  for  improved  film  cooling  distribution 
in  SN  1,  whereas  all  were  grooved  in  SN  2.  It  was  concluded  that  the  combinati.jn  of 
lower  chamber  pressure  and  better  film  cooling  distribution  accounted  for  the  sonewhat 
lower  flow  rate  prior  to  burnout  being  obtained  with  SN  2. 

Testing  with  the  throat  segment  thus  far  had  determined  the 
minimum  film  cooling  flow  rates  for  the  throat  area  of  the  chamber.  No  erosion  had 
ever  occurred  in  the  upper  convergent  portion  of  the  chamber.  To  determine  how  close 
to  marginal  conditions  this  upper  section  was  operating,  it  was  decided  to  remove  the 
eroded  section  of  the  throat  of  SN  2,  replace  it  with  an  ablative  insert,  and  continue 
testing.  The  modified  throat  design  is  shown  in  Figure  VII-D-24.  The  burned  tubes  of 
the  exit  cone  were  also  machined  out  and  replaced  by  an  ablative  liner,  as  shown  in 
Figure  VII-D-25. 


e.  Test  Series  5:  Tests  1.2-02-YAM-035  and  -O36 

Testing  with  the  repaired  thrust  chamber  assembly  was  resumed 
on  18  May  1965.  Test  -035  was  a  malfunction;  Test  -O36  yielded  valid  data.  It  was 
planned  to  introduce  approximately  the  same  film  coolant  flow  rate  into  the  chamber 
as  was  introduced  in  those  same  channels  during  the  previous  test,  which  was  20,8  lb/ 
sec.  Actual  flow  rate  achieved  in  Test  -O36  was  l8.^  Ib/sec,  slightly  below  the 
intended  amount.  Chamber  pressure  was  2616  psia.  Erosion  over  the  entire  length  of 
the  cooled  portion  of  the  chamber  occurred  on  this  test,  as  shown  in  Figures  VII-D-26 
and  -27.  Thus  the  decrease  of  2.4  Ib/sec  in  film  cooling  flow  rate  from  the  previous 
test  was  enough  to  cause  burnout,  which  showed  the  convergent  portion  of  the  chamber 
had  been  operating  near  the  lower  limit  in  the  previous  test. 
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VII,  D,  Film-Cooled  Convergent  and  Throat  Segment  (cent.) 

As  a  result  of  the  test  program,  it  was  concluded  that  minimum 
Him  cooling  conditions  in  both  the  convergent  and  throat  portions  of  the  chamber 
had  been  established.  The  percentage  of  film  cooling  used,  based  on  total  propellant 
flow  rate,  varied  from  11  to  2k'^.  This  was  a  sufficiently  broad  range  to  establish  a 
correlation  of  film  cooling  flow  rate  with  thrust  chamber  nerformance.  This  correla¬ 
tion  was  developed  into  a  mathematical  model  which  is  usable  to  predict  performance 
for  advanced  high-pressure  engines  using  ccanbined  regenerative  and  film  cooling.  It 
is  presented  in  Section  VIII,  below.  The  model  is  currently  being  used  in  Aerojet- 
General  'Advanced  Storable  Engine  Program,"  Contract  AF  04(6ll)-10830. 
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VII,  Cooled  Thrust  Chamber  Design  and  Development  (oont.) 

E.  BEGENERATIVELY  COOLED  EXMHSION  NOZZLE 

Results  of  the  cooling  methods  investigation  showed  that  regexicratlve 
cooling  with  NgOj^  was  feasible  below  an  area  ratio  of  approximately  31*  To  demonstraue 
this  cooling  technique,  a  regeneratively  cooled  expamsion  nozzle  was  designed,  fabricat¬ 
ed,  and  test -evaluated  as  part  of  "the  Cooled  Chamber  Program. 

1.  Description  of  Design 

Ihe  cooled  expansion  nozzle  (Figure  VII -E-l)  is  a  tube  bundle  design 
using  oxidizer  as  the  regenerative  coolant.  It  is  a  double-par.s  configuration,  compcsed 
of  68  tapered  tubes  reinforced  by  a  steel  jacket.  The  nozzle  contour  is  a  o -  half- 
angle  cone,  extending  from  an  area  ratio  of  2.5  to  an  area  ratio  of  21.  The  contour 
was  based  on  the  ultimate  use  of  this  nozzle  in  combination  with  a  high  area-rat;.o 
ablative  cooled  skirt,  and  is  a  truncated  section  of  an  optimvun  Rao  nozzle  of  area 
ratio  183.  The  design  details  are  shown  in  Figure  VII-E-2. 

The  results  of  the  heat-transfer  analysis  performed  for  this  design 
sure  shown  in  Figure  VII-E-3.  The  analysis  was  based  upon  the  assumption  that  no 
film  cooling  or  thermal  barrier  coating  are  used  between  the  steel  tubes  and  the  gas 
stream.  It  can  be  seen  that  the  gas-sids  wall  temperature  at  the  upper  end  of  the 
nozzle  segment  (2.0  in.down  from  the  throat)  is  l875°F>  decreasing  to  1700°F  (the 
upper  design  temperature  limit)  for  the  outside  tube  wall  at  2.9  in.  from  the  threat. 
Since  this  nozzle  was  scheduled  for  testing  only  in  conjunction  with  the  film-coded 
throat  segment,  it  was  determined  that  the  slight  amount  of  film  coolant  required  by 
the  top  inch  of  the  nozzle  would  be  available  from  the  throat  film  coolant. 

2,  Development  Testing 

Nine  tests  were  conducted  using  the  oxidizer  regeneratively  cooled 
expansion  nozzle:  Tests  1.2-02-yAM-021  through  -C28,  and  Test  1.2-02-YAM-033.  In 
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VII,  E,  Regeneratively  Cooled  Expansion  Nozzle  (cont.) 

all  tests,  the  nozzle  was  tested  in  conjunction  with  the  film-cooled  throat. 
conditions  for  each  of  the  tests  are  reported  in  the  discussion  of  the  throat  segment, 
Section  VII, D. 


nie  regeneratively  cooled  expsuMion  nozzle  operated  satisfactprily  in 
all  tests,  and  demonstrated  oxidizer  regenerative  cooling  of  the  expansion  nozzle  of 
a  high-pressure  engine.  During  Test  -033  severe  erosion  of  the  throat  segment  occurred, 
which  subsequently  caused  the  expansion  nozzle  tube  bundle  to  bum  out.  nie  exit 
nozzJ.e  was  in  no  way  responsible  for  this  failure.  The  posttest  condition  of  the 
nozzle  is  shown  in  Figure  VII-D-23.  To  allow  continued  testing  of  a  repaired  throat 
segment  with  a  21:1  area  ratio  nozzle,  the  damaged  tubes  of  the  expansion  nozzle  were 
machined  out  and  replaced  by  an  ablative  liner.  Figure  VII-D-23  shows  the  hardware 
in  this  configuration,  lliis  nozzle  was  subsequently  used  in  Test  1.2-02-YAM-036. 

3.  Test  Data  Analysis 

Test  data  analyses  were  performed  for  the  five  valid  thrust  chamber 
tests:  1.2-02- YAM-023  through  -025,  and  Tests  -027  and  -029.  In  Test  -022  only  one 
of  the  two  required  thermocouples  operated.  Tests  -026  and  -028  were  invalid  tests, 
and  Test  -033  supplied  invalid  data  due  to  upstream  erosion  of  the  throat  segment. 


The  inlet  and  outlet  temperatures  of  the  coolant,  plotted  as  a 
function  of  time,  are  shown  in  Figures  VII-E- 4  through  VII-E-8..  The  inlet  tempera¬ 
ture  exceeds  the  outlet  temperature  at  the  beginning  of  the  tests,  because  prior  to 
hot-fire,  the  oxidizer  coolant  is  heated  by  the  turbopump,  and  then  is  subsequently 
cooled  by  the  relatively  cold  tubes.  As  soon  as  fire  develops  in  the  chamber,  an 
inversion  of  these  temperatures  takes  place.  The  bulk  temperature  rise  of  the 
coolant  was  approximately  10 "F  in  all  tests.  Assuming  no  film  cooling  from  the 
throat  segment,  predicted  bulk  rise  was  from  50to  75”?,  depending  on  thrust  chamber 
mixture  ratio.  The  actual  bulk  rise  recorded  was  determined  to  be  reasonable  for  the 
high  oxidizer  film  cooling  flow  rates  being  used  on  the  throat  segment  above. 
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VII,  Cooled  Thrust* Chamber  Design  and  Development  (cont.) 

F.  ABLATIVE  EXPANSION  NOZZLE 

1.  Description  of  Design 

The  ablative  expansion  nczzle  was  designed  as  a  nozzlt  extensi.^  to 
the  cooled  thrust  chamber.  Using  this  extension,  It  was  planned  to  obtain  data  f  r  n 
high  area  ratio  thrust  chamber  operating  at  high  chamber  pressure.  The  contour  selr^c  .1, 
(Figure  VI-A-l)  was  an  optimum  Fao  nozzle  extending  to  an  area  ratio  of  183.  TTie  area 
ratio  was  selected  because  it  was  sufficiently  high  to  obtain  the  desired  aata  and  a.ilo 
provided  a  nozzle  exit  diameter  which  matched  an  existing  diffuser  at  Aerojet  (a 
diffuser  is  required  for  large  area  ratio  nozzles  tested  at  sea-level  to  prevent 
flow  separation). 


The  ablative  nozzle  extension  is  shown  in  Figure  VII-F-1.  it  is  c f 
three-piece  construction,  including  an  ablative  liner  of  wrapped  asbestos,  a  wrappec 
fiberglass  structural  shell,  and  a  steel  flarge  for  attaching  the  ablative  nozzle 
to  the  regeneratively  cooled  expansion  nozzle  at  the  21:1  area  ratio  interface. 

Prior  to  testing  with  ttiis  component,  an  analysis  was  conducted  to 
determine  what  performance  differences  could  be  expected  from  the  use  of  the  nozzle 
extension.  Performance  increases  from  two  sources  are  possible:  first,  a  large  area- 
ratio  nozzle  flowing  fully  inherently  provides  higher  vacuum  performance  because  of 
the  increased  area  on  which  the  internal  nozzle  pressure  acts;  secondly,  in  large 
area-ratio  nozzles,  film  cooling  introduced  in  the  chamber  has  a  greater  chance 
to  combine  and  birrn  with  the  main  exhaust  gases  before  being  exha;isted  into  the 
atmosphere,  which  results  in  some  performance  recovery.  Analysis  showed  that  even 
at  very  high  area  ratios  (such  as  the  l83:l  area  ratio  nozzle  skirt),  the  performarice 
recovery  to  be  expected  was  approximately  1^,  while  the  inherent  performance  increase 
resulting  from  the  high  a^ea-ratio  was  approximately  8.8'^.  Based  upon  these  facts, 
it  was  determined  that,  considering  the  accuracy  of  the  test  stand  and  the  relatively 
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large  performance  Increase  Inherent  with  the  large  nozzle,  ^hc  chances-  ..  measut  .h 
isolal . '■«  performance  Increases  resaltlng  from  film  coaling  recombineMon  were 
practically  impossible.  Therefore,  it  was  decided  to  reduuc  the  area  ratio  to  a 
value  where  flow  separation  would  not  occur  when  the  thrust  chamber  was  tested  without 
a  diffuser.  This  would  result  in  a  cost  savings  to  the  program  by  eliml.-.ating  tlu 
requirement  for  modifications  and  activation  of  the  diffuser,  and  still  would  provide 
demonstration  of  an  ablative  skirt  and  yield  performance  data  at  a  relatively  high 
area  ratio.  The  ablative  nozzle,  which  had  already  been  fabiicated  to  the  183:1  area 
ratio  configuration,  was  therefore  cut  off  to  70- 1,  the  3-sigma  limit  of  the  predi'^-t^’d 
flow  separation  area  ratio  of  90! !•  The  nozzle  is  showri  after  modification  in  Figure 
VII-F-2. 


2.  Test  Experience  and  Results 

The  ablative  nozzle  extension  was  used  in  one  test  firing.  Test 
1.2-02 'YAM-009 >  This  test  was  of  short  duration,  havLng  a  steady-state  chamber  pressure 
period  of  0.6  sec.  Following  the  test,  the  nozzle  was  in  perfect  condition.  A  discussion 
of  the  performance  obtained  in  this  test  is  given  in  Section  VIII. 
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Figure  VII-B-1 


Cc»+ed  Drilled  L*  Segment 


Close-up  of  Coated  Drilled  L*  Segment 


Mod  VIII-B  Concentric  Ring  Injector  and  Drilled  L*  Segment  Assembly 
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Vortex  Chamber  Segment,  Posttest  1 . 2-01 -YAM-007  (u) 


Graphite  Throat,  Posttest 


Repaired  Vortex  Chamber  Segment,  Pretest  1 .2-01 -YAM-010 


Vortex  Chamber  Segment  Close-up,  Posttest  1 .2-01 -YAM-010 
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Cooled  Throat  Segment,  Final  Design  (u) 
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il)  Test  1.2-02-YAM-011  was  first  test  of  the  oxidizer  film  cooled  convergent  and  threat 
2)  Tests  where  no  useful  data  were  obtained  include;  Testj  1.2-02-YAP-011/10-8-64,  -0] 
3)  Single  Point  Data. 

(4)  All  sixteen  orifices  were  installed  backwards. 

(3)  Orifice  in  channel  No.  1  was  installed  backwards. 


*  i 


2-YAM-015 


Actual 
Coolant 
e  Flow  Rate 
Ib/sec 


6.450 

2.445 

2.215 

2.240 

1.912 

2.260 

2.130 

2.175 

2.170 

2.270 

2.190 

2.340 

2.050 

2.240 

2.935 

3.850 


rj  Teat 
-YAM- 01 2 


CONFIDENTML 

Book  One 


11-26-64 
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1.2-02- YAM-010 


Predicted  Actual 
Coolant  Coolant 
Flow  Rate  Flow  Rate 
Ib/aec  Ib/sec 


12-2-64 


1.2-02-YAM-020 


Pretieted  Actual 
Coolant  Coolant 
Flow  Rate  Flow  Rate 
Ib/sec  lb/ sec 


1.2-02- YAM-021 


Predicted  Actual 
Coolant  Coolant 
Flow  Rate  Flow  Rate 
Ib/sec  Ib/sec 


35 
3 

2.43 

2.43 

2.43 

2.475 

2.475 

2.475 

2.475 

2.475 

2.475 

2.43 

2.43 

2.43 

2.925 

3.780 


3.457 

2.702 

2.764 

2.629 

2.750 

2.783(4) 

2.673 

2.709 

2.910 

3.188 

2.057 

3.001 

2.729 

2.963 

5.116 

7.443 


6.435 

1,701 

2.430 

l.'^’l 

2.430 

1.732 

2.475 

1.732 

2.475 

1.732 

2.475 

2.430 

2.430 

2.430 

2.925 

3.780 


8.359(5) 

1.841 

2.592 

2.250 

2.510 

2.043 

2.498 

2.297 

2.497 

2.117 

2.552 

2.42 

2.468 

2.277 

3.452 

7.397 


7.626 

0 

2.874 

0 

2.897 

0 

2.960 

0 

2.948 

0 

2.466 

2.566 

4.823 

2.483 

3.494 

6.831 


8.582 

0 

3.467 

u 

3.300 

0 

3.345 

0 

3.056 

0 

2.357 

2.511 

2.169 


6.235 

2.911 

2.607 

2.241 

2.738 

1.295 

2.629 

2.954 
1.126 
3.149 
2.136 
2.672 
2.582 
2.749 

2.912 

3.954 


4.353 

2.434 

2.236 

1.007 

2.305 

2.031 

2.214 

2.506 

0.934 

2.616 

1.753 

2.158 

1.191 

2.045 

2.502 

3.456 


35.713 


3.022 


Same  as  Test  1.2- 
02-YAM-012  except 
channels  2  through 
9  &  11,  13,  15, 

17  &  10  were  grooved. 
TTS-4  &  TTS-7  were  I 
.040  dia  high— response 
thermocouples  &  TTS-3, 
-5,  -11  &  -l4  were  I 
.125  dia  high- response 
thermocouples.  I 


Same  as  Teat 

I.2-O2-YAM-OI7 


Same  as  Test 
1.2-02- YAM-017 


2.197 


All  injection 
stations  grooved, 
17  high— response 
thermocouples 
installed  (.125 
dia) . 


S/N-1 


S/N-1 


S/N-1,  throat 
severely  eroded 


ed  convergent  and  throat  segment «  conducted  on  10-8-64, 

-02-YAM-011/10-8-64,  -013/10-16-64,  -016/11-26-64,  -019/12-2-64.  -O26/3-5-65, 


S/N-2,  slight  erosion 
of  throat  due  to  off 
M^  condition.  OTPA 
failure. 


-028/3-12-65. 
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Test  Date 


2-15-65 

1.2-02-TAM-022 


2-19-65 

I.2-O2-YAM-O23 


2-26-65 

1.2-02-YAM-024 


Test  No. 

Coolant  Coolant 
Peed  Injection 
Channel  Station 


Predicted  Actual 
Coolant  Coolant 
Plow  Rate  Plow  Rate 


Predicted  IctuAl ' ■ 
Coolant  Coolant 
Plow  Rate  Plow  Rate 


Predicted  Actual 
Coolant  Coolant 
Plow  Rate  Plow  Rate 


No. 

No. 

Ib/sec 

Ib/sec 

Ib/sec 

Ib/sec 

Ib/sec 

lb/ sec 

1 

2 

5 

6 

7 

8 

9 

10 

11 

12 

13 

14 

15 

16 

1.2,3 

4 

5 

6 

7 

8 

9 

10 

11 

12 

13 

14 

15 

16 

17 

18 

4.966 

1.843 

1.539 

1.850 

2.276 

1.130 

2.253 

2.329 

1.862 

2.145 

1.607 

2.212 

2.665 

2.749 

4.782 

3.928 

4.070 

1.147 

.964 

1.165 

1.430 

.715 

1.420 

1.477 

1.172 

1.351 

.989 

1.443 

1.728 

1.797 

3.684 

2.574 

4.966 

1.843 

1.539 

1.850 

2.276 

1.130 

2.253 

2.329 

1.862 

2.145 

1.607 

2.212 

2.665 

2.749 

4.782 

3.928 

5.253 

1.951 

1.627 

1.955 
2.545 
1.208 
2.409 
2.484 

1.994 

2.301 

1.666 

2.429 

2.871 

2.955 

5.3'^7 

3.915 

5.24, 

1.00 

1.62 

1.^3 

1.67 

1.77 

1.88 

1.91 

1.99 

2.28 

2.31 

2.35 

2.80 

2.55 

3.01 

3.85 

4.704 

0.906 

1.458 

1.465 

1.445 

1.601 

1.703 

1.716 

1.802 

2.045 

2.108 

2.133 

2.571 

2.681 

2.709 

3.552 

Total  Coolant 

Weight  Plow 

40.136 

^7.126 

40.136 

42.910 

38.27 

54.599 

Calculated  C*  ft/se 

0  2012.2 

4874.4 

4205.8 

it  of  Theoretical  C* 

37  3 

on.i; 

73.2 

2.676 

2.953 

3.514 

Configuration  of 
Cooled  Convergent 
and  Throat  Segment 

Same  as  Teat 

1.2-02 -YAM-021 

Same  as  Test 
1.2-02-YAM-021 

Same  as  Test  1.2-02- 
YAM-021 

Remarks 

.S/N-2 

S/N-2 

S/N-2 

High  Pressure  Flex¬ 
ible  Line  from  I 
Oxidizer  Hanifold  1 
to  Exit  Cone  Failed 
Puring  Test.  Low  j 

P  Obtained  I 
c  I 


Valid  Test.  All 
Test  Hardware  in 
Refireable 
Condition. 


Gas  Generator  valve 
did  not  open  complete- 
l/f  Pc  of  approximate¬ 
ly  2400  psi  was 
obtained,  no  hardware 
damage. 


2-YAM-024 


Actual 
Coolwt 
e  ?lov  Rate 
lb/ sec 


1 ,2-02-YAM-025 


Prsdietffd  Actual 
Coolant  Coolant 
Flow  Rate  Flow  Rate 
Ib/sec  Ib/sec 


3.506 


St  1.2-02-  Same  as  Test  1.2-02. 
YAM-021 


S/N-2 

Valid  Test.  All  Test| 
Hardware  in  Eefireable 
Condition.  I 


CONFIDENTML 

Book  One 


5-8-65 _  '5-15-65 


1.2-02- 

.YAM.027 

1.2-02- 

.YAM-029 

1.2-02- 

•YAM- 033 

Predicted 

Actual 

Predicted 

Actual 

Predicted 

Actual 

Coolant 

Coolant 

Coolant 

Coolant 

Coolant 

Coolant 

Flow  Rate 

Flow  Rate 

Plow  Rate 

Flow  Rate 

Flow  Rate 

Flow  Rate 

Ib/sec 

Ib/sec 

Ib/sec 

Ib/sec 

lb/ sec 

Ib/sec 

5.924 

3.799 

3.78 

3.73' 

3.72 

3.78 

1.576 

1.347 

l.'3B 

1.36 

1.39 

1.40 

1.571 

1.340 

1.30 

1.29 

1.30 

1.34 

1.550 

1.322 

1.32 

1.30 

1.33 

1.35 

1.788 

1.762 

1.31 

1.79 

1.83 

1.86 

1.811 

1.771 

1.78 

1.76 

1.83 

1.87 

1.603 

1.563 

1.56- 

1.54 

1.51 

1.54 

1.845 

1.810 

1.83 

1.80 

1.80 

1.84 

1.815 

1.780 

1.73 

1.71 

1.72 

1.73 

1.992 

1.953 

1.96 

1.94 

1.93 

1.97 

2.189 

2.142 

2.14 

2.11 

2.09 

2.U 

2.815 

2.750 

2.74 

2.71 

2.72 

2.80 

3.187 

3.120 

2.96 

2.92 

2.90 

2.94 

3.249 

3.207 

2.98 

2.93 

2.90 

2.93 

3.'»73 

5.428 

3f02 

2.98 

1.76 

1.77 

3.022 

2.940 

2.47 

2.44 

1.79 

1.81 

36.809 

36.034 

34.77 

_ 

34.30 

_ 1 

32.72 

33.08 

4823.3 

_ _ 

4475 

90.6 

93. 

2 

86.9 

3.522 

5.001 

3.524 

Same  as  Test  1.2-02- 

'Same  as  Test  1.2-02- 

Sane  as  Test  1.2-02- 

YAM-021 

YAM^O^ 

YAM-21 

S/N-2 

S/M-2 

Channels  12  throu^  16 
eroded  beyond  repair  dur¬ 
ing  this  test 

Valid  Test.  All  Test 

Valid  Test 

All  Test 

Hardware  in  Refirealk 

Hardware  inRefireable 

Condition. 

Condition. 
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Date:  !i-19-65 


^  Test  No. 

1.2-02 

-YA.M-036 

Coolant 

Coolant 

Predicted 

Actual 

Injection 

Coolant 

Coolant 

Channel 

Station 

Flow  Rate 

Flow  Hate 

No. 

No. 

Jb/.';ec 

lb/ sec 

1 

i,  3 

d.t8 

3.03 

c 

l.tl 

1.29 

1.29 

1.14 

\ 

6 

1.33 

1.17 

[) 

7 

1.78 

1.97 

b 

d 

1.79 

]. .  94 

7 

9 

1.96 

1.3'^ 

10 

1.81 

1.61 

.) 

11 

1.72 

1.9'< 

JO 

i;* 

1 .  <h 

1.78 

il 

Id 

2.99 

2.36 

iC 

It 

0 

0 

J  :i 

It 

0 

0 

l)i 

16 

0 

0 

17 

0 

0 

l6 

IS 

0 

0 

Total  coolant  weight  I’low,  Ib/ccc 

20.71 

18.38 

■'‘0  of  thcoi'  ■ 

tical 

91  to  96.9 

nij  to  ir.,,, 

iuration,  see 

i  ‘ .  /'>0 

[  C  ini'i guration  of  Cooler!  Con- 

Ablative  liner  in  the 

V'.Tgent  and 

Throat  Se^..nt 

throat  from  channels 

12  through  J6 

Remartc 

Remaining  channels 

(1  through  11)  eroded 

daring  this  best 
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Book  One 


Figure  VII-D-7 


Cooled  Throat  Segment  and  Ablative  Exit  Cover,  Posttest  1 . 2-02-YAM-01 2 


Grooved  Cooled  Convergent  Section,  Pretest  1 . 2-02-YAM-020 
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Teaperature  Data,  Test  1 .2-02-YAM-017,  Showing  Response  of  Old  and 

New  Theraocouple  Design  (u) 


Book  One 


Figure  VII-D-12 


Close-up  of  Cooled  Ihroat,  Posttest  1 .2-02-YAM-020 
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Aft  View,  Cooled  Throat,  Posttest  1 . 2-02-yAM-020 
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Cooled  Throat  and  Regenera tively  Cooled  Sea-Level  Expansion  Nozzle, 

Pretest  1 .2-02-YAM-021 
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Front  View,  Cooled  Throat,  Posttest 
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Figure  VII-D-17 


Aft  View,  Cooled  Throat,  Fosttest  1 , 2-02-YAM-021 


Front  View,  Cooled  Throat,  Posttest  1 . 2-02-YAM-033 
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Damaged  Cooled  Throat,  Posttest  1 . 2-02-YAM-033 


Damaged  Throat  Segment,  Posttest  1 . 2-02-YAM~033 


Figure  VII-D-23 


Damaged  Oxidizer  Regeneratively  Cooled  Sea-Level  Expansion  Nozzle, 

Posttest  1 .2-02-YAM-033 


Modification  of  Cooled  Convergent  and  Throat  Segment  to  Incorporate 

Ablative  Throat 


Figure  VI I 
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|]  Modification  of  Regeneratively  Cooled  Exit  Nozzle  to  Uncooled 

Nozzle  Using  Ablative  Insert 
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Figure  VII-D-25 


Damaged  Cooled  Throat,  Posttest  1 .2-02-YAM-036 
Figure  VII-D-26 
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Cooled  Expansion  Nozzle  Design  (u) 
Figure  VII^-2 
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CHAKCI£R  AXIAL  DISTANCE,  INCHES 


Gas-Side  Wall  Temperature  vs  Chamber  Distance,  Oxidizer  Regeneratively 

Cooled  Sea-Level  Expansion  Nozzle 


Figure  VII -E-3 


Plot  of  Exit  Cone  Coolant  Inlet  and  Outlet  Temperature  and  Thrust 
Chamber  Plenum  Pressure  vs  Time,  Test  1 . 2-02-YAM-027 


Figure  VII-F-1 


